
/

1

CR-66358

STUDYOFTHEINFLUENCEOFSIZEOF
A MANNEDLIFTINGBODYENTRYVEHICLE

ONRESEARCHPOTENTIALANDCOST

FINALREPORT

MARTIN MARIE'I'rA k

NATIONAL AERONAUTICS AND SPACE ADMINISTRATION

U, S, Gevernment Agencies tuld

.Contr#ctors 0nl_..
:1: -.-

4Y •

• • 000

00 DOe



•....O_z-_,'7
"" '' 9_
• W•• 00 ,\

CR-66358

I

le

I

I

I

I

!

I

I

STUDYOFTHEINFLUENCEOFSIZEOF
A MANNEDLIFTINGBODYENTRYVEHICLE

ONRESEARCHPOTENTIALANDCOST.

FINALREPORT_

PartVIZ. Selected Entry Vehicle Design :

M.ay i96_ ....

Distribution of this report is provided in the interest of

information exchange. Responsibility for the contents

resides in the author or organization that prepared it.

INCLASSIFIED

!

!

i

I

i

Prepared Under Contract No. NAS 1-6209 by

/ MART:IN MARIETTAI._ORATION

Bal t im ori:; Mafytand "_'21203
/

for

NATIONAL AERONAUTICS AND SPACE ADMINISTRATION

u ".'i " : u G_• : :.'- ......° .. °..
• .. S. nment Agencies a_d
"." ..: : ..: :Oontracto;_'.Onlv

• _O uv



FOREWORD

This document is a part of the final report on a "Study of the Influence of Size of a
Y_ed Lifting Body Entry Vehicle on Research Potential and Cost," conducted by
the Martin Marietta Corporation, Baltimore Division, for the National Aeronautics

and Space Administration, Langley Research Center, under Contract NAS 1-6209
datedAprfl 1966. The final report is presented in eight parts:

I. Summary

II. Research Program Experiments

III. Flight Performance

IV. Candidate Entry Vehicle Designs

V. Systems Integration

VI. Research Vehicle Size Selection and Program Definition

VII. Selected Entry Vehicle Design

VIII. Alternative Approaches

The study was managed at Martin Marietta by:

Robert L. Lohman--Study Manager

Rudolph C. Haefeli--Assistant Study Manager

The principal contributors to the study were James McCown, Robert Schwab,
Ray Sorrell and James Vaeth; Mr. Louis Sheldahl also made a major contribution
to the study as Study Manager during the first quarter.
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ABSTRACT (Total Study)

This study presents data--based upon a developed logic,

task definitions, vehicle criteria, system analyses and design,
and concepts of operation and implementation--with which

the usefulness and cost of an entry flight research program
can be evaluated.

The study defines 52 specific research tasks of value in

developing operational lifting body systems, primarily for
near-earth missions. Parametric design and performance data
are evolved within a matrix of 5 vehicle sizes (with 1, 2, 4, 6

and 8 men) and 4 boosters (GLV, Titan III-2, Titan III-5

and Saturn IB) for all flight phases, from launch to landing.

The design studies include vehicle arrangements, weight,
aerodynamic heating and subsystem details. Systems inte-

gration analyses yield both design data, subsystem tradeoffs,

and development and operations plans; and they lead, in turn,
to cost effectiveness analyses which become the primary basis

for vehicle and program selection.
A 25-foot long, 3-man vehicle weighing 12,342 pounds

is selected for a research program of 9 manned (plus 2 un-
manned) flights. This vehicle performs the maximum number

of tasks and affords the highest research value per unit cost

and the lowest cost per unit of payload in orbit; the estimated
program cost is $1 billion. A detailed preliminary design of

this vehicle is accomplished, including layout drawings and
descriptions of each subsystem to identify available hardware

as well as future options. Modifications for secondary research
objectives--rendezvous and docking and supercircular entry
--are considered.

The study also includes a brief examination of 2 smaller

unmanned vehicles as alternate approaches to reduce cost.
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This part presents the detail preliminary design of the entry vehicle selected as
the most cost effective research tool under NASA Contract NAS 1-6209 entitled "Study
of the Influence of Size of a Manned Lifting Body Entry Vehicle on Research Potential
and Cost." The design study conducted on the selected research vehicle (designated
D/3) is a further expansion and definition of the parametric vehicle design studies re-
ported in Part IV.

The D/3 vehicle, a 25-foot (7.62 m) HL-10 modified with a '_)" canopy, is designed
specifically for conducting research on entry from near-earth orbits as described
in Parts H through VI. In addition to this primary objective, the D/3 vehicle has been
evaluated for two secondary research objectives, namely, to investigate: (1) the pecul-
iar problems associated with rendezvous and docking of a lifting body entry vehicle, and
(2) the necessary heat shield, control and propulsion modification of the vehicle asso-
ciated with supercircular entry velocities.
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The design philosophy of the D/3 vehicle is to provide a versatile entry research
vehicle based on existing subsystem technology. Through this approach, a reliable
test platform can be achieved for evaluating new and potentially improved subsystems
for future operational systems.

This part provides a detailed description of the D/3 vehicle, including layout draw-
ings, detail weights statements, and a description of each of the subsystem designs.
The subsystem design descriptions identify existing hardware available for the applica-
tion as well as potential problem areas. Essentially all of the subsystems are within
projected 1969 technology. However, continued analyses and simulations are recom-
mended.

Two of the potential problems are associated with the separated flow region in front
of the lower flaps when they are deflected downward. The flow can result in a struc-
tural dynamic problem if unsteady separation (hypersonic buzz) occurs at the time of
maximum abort hinge moments. It can also result in a heating problem if the turbulent
separated flow reattachment heating approaches three times the stagnation heating.
Although both of these problems may be avoided by angle of attack limitations, specific
tests are needed to define the problem areas and to provide bases for design criteria
for the HL-10.

The weight of the D/3 entry vehicle is 12 342 pounds (5598.3 kg). The adapter,
which includes the deorbit/abort propulsion, weighs 1963 pounds (890.4 kg), giving a
total launch weight of 14 305 pounds (6488.7 kg). A resource capability of 75 cubic feet

(2.12 m 3) is available for conducting the primary research task.

The D/3 entry vehicle design is developed for launch by a Titan HI booster with five-
segment solids. Both a Titan HI and a Saturn IB can be used as boosters to accomplish
the secondary research objectives.
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The subsystem approaches chosen for the D/3 design are: (1) conventional aluminum
skin, frame, and stringer structure, (2) a refurbishable, all-ablative heat shield, (3)
hydraulic flight control actuation, (4) wheel, tire, and brush skid landing gear, with
air-oil strut for energy absorption, (5) hydrogen peroxide reaction control and landing
assist propulsion, (6) silver-zinc batteries for electrical power, (7) direct vision for
landing, (8) a conventional platform-type inertial system and dual horizon scanner for the
primary navigation and guidance, backed by a simple PRIME-type guidance system usi_ I
strapdown inertial sensors, (9) a fly-by-wire electronic flight control system, (10) a I

Gemini approach to communication and tracking and an Apollo telemetry system, and
(11) a combination of Gemini and Apollo equipment for the environmental control system. •
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I. INTRODUCTION

This part of the final report on a "Study of the Influence of Size of a Manned Lifting
Body Entry Vehicle on Research Potential and Cost" (NASA 1-6209) deals with the
detail preliminary design of the selected D/3 vehicle. The D/3 vehicle is 25 feet
(7.62 m) long and carries a three-man crew on a research mission (the vehicle is sized
for a maximum crew of six). The D/3 configuration of the HL-10 is one of five candi-
date vehicle designs reported in Part IV. It was selected during the earlier study phase
as the most cost-effective vehicle size and crew size for conducting entry research re-
lated to return from near-earth orbits.

The depth of design on the D/3 vehicle has been extended beyond that generated for
the cost-effectiveness task to provide the most realistic basis possible, within the scope
of the study, for determining: (1) the adequacy of available components and technology,
(2) the development and test programs required, (3) the development schedule, (4) the
optimum research flight program plan, and (5) the detailed project cost. The results
of this extended study depth are also reported in Parts V and VI.

The general design criteria for the D/3 are presented in detail in Part IV where these
same criteria were the basis for the parametric design phase from which the D/3 vehicle
was selected. The criteria result in conservative designs which provide margins even
under the extreme conditions which may be encountered on research flights. Only the
principal criteria, plus special criteria associated with the greater design depth, are
repeated in the present document. Part IV also contains many of the subsystem tradeoff
studies, analysis techniques and performance evaluations which led to the D/3 design
approach; these activities were necessary to meet the intent of the contract Statement of
Work to make maximum use of available technology.

This document presents detailed information on the internal arrangements of the D/3
entry vehicle configuration and the launch vehicle adapter. These arrangements have
been derived partly from a simple, full-scale crew station mockup which was developed
and used for seat positioning, instrument panel arrangements, and control locations as
well as for visibility studies and crew mobility investigations.

Detailed weight and balance analyses are also presented. They are based on the
identification of specific available hardware components for use in the D/3 vehicle.
These equipment identifications make use of pertinent data provided by potential sub-
system suppliers.

Specifications--including functional and performance requirements, reliability goals,
reuse criteria, etc. --were provided to the following subsystem suppliers, whose re-
sponses have been considered for incorporation in the D/3 preliminary design:

(1) Deorbit/abort propulsion

(a) Aerojet-General Corporation
(b) Thiokol Chemical Corporation
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(2) Reaction control and landing assist propulsion

(a) Walter Kidde and Company, Inc.
(b) Bell Aerosystems Company

(3) Navigation and guidance

(a) Autonetics Division, North American Aviation, Inc.
(b) Honeywell, Inc.
(c) TRW Systems
(d) United Aircraft, Corporate Systems Center
(e) Raytheon Company, Space and Information Systems Division
(f} A. C. Electronics

(4) Electronic flight control system

(a) Sperry Phoenix Company
(b) Honeywell, Inc.
(c) Autonetics Division, North American Aviation, Inc.

(5) Flight control surface actuation

(a) Pesco Products Division, Borg-Warner Corporation
(b) Moog Inc.
(c} Hydraulic Research and Manufacturing Company

(6) Instrumentation and data management

(a) TRW Systems
(b) Lockheed Missiles and Space Company
(c) Radiation, Inc.
(d) Leach Corporation
(e) Space Craft, Inc.

The most significant portions of the information supplied by these organizations are
included in this document.

In addition to detailed descriptions of each selected subsystem, this part also con-
tains information on some of the alternate subsystem components. The latter, al-
though in an earlier developmental stage, potentially offer significant benefits for
future operational lifting body systems in the form of higher performance, higher re-
liability, less weight or lower cost. These alternate subsystems are prime candidates
for testing in the proposed research flight program (Parts II and VI).

Finally, conceptual designs for modification of the D/3 entry vehicle and for special
modules required to accomplish secondary research objectives are presented. As de-
fined by the contract Statement of Work, the secondary objectives include: (1) orbital
experiments involving rendezvous and docking typical of a logistics support and rescue
vehicle, and (2) supercircular entry velocity research. A typical landing engine in-
staUation, proposed for a research experiment and possible application in future all-
weather operations, is also described in this document.
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II. VEHICLE DESIGN AND ARRANGEMENT

The selected size entry vehicle which evolved from the parametric entry vehicle
design phase (Part IV) is designated D/3 (fig. 1). The design of this vehicle is based

upon the philosophy of providing a versatile entry research vehicle utilizing existing
subsystem technology.

A. DESIGN APPROACH

The design approach will provide a reliable test platform for new and improved
subsystems without the restrictions that might be imposed by the use of new, untried
systems in the basic vehicle. A conservative approach is also reflected in the design
of heat shield, structure, control system and emergency abort system.

The basic all-ablative heat shield is sized to protect the vehicle for the total heating
conditions associated with flight to the toe of the footprint and for all-turbulent heating
over the surface of the vehicle. In all except the most extreme flights, the total heat-
ing will be only about 60 percent of this design value. Laminar to turbulent transition
is not expected to occur over much of the surface of the vehicle, except on the research
flights that try to force transition. These factors, along with the normal safety fac-
tors used in the design, provide considerable conservatism in the heat shield.

The structure and control actuation system are designed for the most severe
environments that can result from an abort anywhere along a booster ascent tra-
jectory with insertion at an altitude of 80 nautical miles (148.17 km). Recovery from
these aborts can result in a 6-g pull-up condition and maximum dynamic pressure of

1200 pounds per square foot (575 MN/m2}. For normal flight conditions, the largest
pull-up load factor is about 2 g, with a dynamic pressure of 400 pounds per square

foot (191.7 MN/m2}. These abort conditions represent limit design loads on the vehicle.

By designing for these conditions, considerable margin is built into the vehicle for
normal research operation.

The emergency abort approach includes complete recovery by parachute of the entire
vehicle with the crew on board. Sufficient abort propulsion system thrust and velocity
impulse is provided to allow escape at anytime, from the pad and throughout the flight.
This system is retained for deorbit purposes as a redundant capability. Vehicle
recovery is accomplished by a ring sail parachute system that will allow safe sink
velocities and attitudes for either wa_r or ground landing.

The entry vehicle subsystems are designed for five orbits, while the basic research
mission is three orbits. Subsystems whose single failures could require immediate
entry for crew safety are provided with sufficient backup and redundancy to allow com-
pletion of one orbit plus entry. This approach contributes to both crew safety and
research mission success.

The D vehicle is of sufficient size for a six-man crew. The basic D/3 vehicle, as

configured for the research mission, with three crewmen, has considerable flexibility
in crew station arrangement. This provides the second crewman with sufficient panel

°°°°°° !_0 0 • • OOO
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FIGURE 1. CONCEPT O F  HL-10 D/3 VEHICLE 
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space to conduct entry research experiments on alternative guidance, navigation and
flight control systems. Sufficient room is also available so that an indirect vision
system could be evaluated for both space viewing and landing.

Another form of flexibility built into the vehicle is the extra thickness allowed for
the heat shield. This permits the simple adaptation of radiative and alternative
ablative heat shield experiments as well as different forms of active and passive
structural cooling. This space also allows for the application of a thicker heat shield
for the higher velocity, entry experiments of the secondary objectives.

The D/3 vehicle is designed for internal access for most of the subsystems. External

access is provided for the remainder. The basic vehicle and subsystems are designed
to be reusable with only functional checkout and evaluation between flights. The ablative
heat shield is simply refurbished by removal of the fasteners. The basic pressure and
heating sensors are built in the heat shield at the time of fabrication. By proper advance
planning of the research flights, the best arrangement of the sensors for each flight can
be simply achieved.

The D/3 vehicle could be modified with the addition of a tunnel in the base area and

three crew seats to provide a six-man logistics ferry or rescue vehicle for future
mission applications.

B. GEOMETRY AND ARRANGEMENT

The D/3 vehicle is 25 feet (7.62 m) in length from the apex of the nose to the base
of the body. As resolved in the conjunctive studies, this vehicle also incorporates the
conical windshield and canopy extension which is a slight modification of Langley
Research Center, s canopy "D".

The three-man research crew was determined to be optimum for the research
program, as described in Part VI. The D-size vehicle was determined to be the

minimum for accommodating a crew of six 95-percentile men. As a research vehicle,
the space which would have been occupied by the additional crew members is reserved
for installation of research equipment.

The volume available for research equipment in the selected D/3 vehicle is 56.2

cubic feet (1.59 m_ in the forebody and 18.6 cubic feet (0.53 m_ in the afterbody.

An additional volume of 27 cubic feet (0.76 m_ is left unoccupied in the rear of the

afterbody because of depth limitations and because each additional pound of weight
at this location requires the addition of an equal amount of ballast in the nose.

1. Compartmentation

Physical subsystem integration, crew mobility, accessibility and fabrication com-

plexity are sensitive to the arrangement itself and the compartmentation dictated by
the arrangement. Design studies were performed in this phase to optimize the arrange-
ment. The result is shown in figure 2. A significant feature which evolved from these
design studies--as shown in the final arrangement--is that each major section (division
of vehicle) resolved into a relatively self-contained entity.
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identified as follows (fig. 3):

Length, cm ii:!ISection Station

Nose cap 0 to 31 78.75

Forebody* 31 to 181.5 382.3 _ ,i:'i

Afterbody

31 to 83 132

181.5 to 257 191.8

Body extension

Tip fin assemblies

257 to 300 109.2

Control surfaces

* The pilot's compartment is included in the forebody.

2. Nose Cap

The nose cap is a separable section which is fastened in place at the forward pres-
sure-bulkhead (Station 31). This entire section may be removed for refurbishment.

It is designed to be replaceable and permits installation of different heat shield arrange-
ments for research purposes on subsequent vehicles.

The main electrical power supply batteries are mounted off the forward pressure
bulkhead (Station 31), and the nose cap is a glove which fits over this array.

3. Forebody Arrangement

The forebody contains the crew, display panels, functional subsystems, and a
reserved space for research equipment. ©

(1) This section is the only area inwhich itis mandatory to pressurize and
thermally control for crew occupancy. The other sections of the vehicle

either are inherently isolatedor can be isolated--reducing the load on the

envlronmental control and lifesupport system, minimizing leakage, and
alleviating malfunction hazards.

Design studies, including a full-scale mockup, were utilized to determine
the crew arrangement. The arrangement which afforded the best results
is shown. The pilot is located in the forward location, where the most
direct visibility is available, and the other two crew members are directly
behind the pilot, seated side by side. This arrangement is the most com-
patible for cooperative task sharing and crew mobility.

• OQ O_
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(3)

(4)

(5)

(6)

(7)

(8)

(9)
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Standard cockpit display panels are provided for the pilot, that is, forward
panel and side consoles. Display panels are provided on the rear side of the
pilot's bulkhead for the two crew members with the crew members on the
right side acting as copilot.

Ingress and egress is through a single overhead hatch located between the
two crew members. The two seats are spaced so that the hinged pilot seat
can rotate backward between the aft seats. The pilot enters first and leaves
last.

This arrangement is an improvement over that shown in the five-vehicle

parametric phase. The jettisonablewindshield (canopy) is eliminated, along
with itsattendantsealing and leakage problems. Also, the complexity of

having a jettisonableheat shieldcover mounted onto a jettisonablesection
iseliminated, along with the related sequencing problems. A small incre-

ment of internalspace is gained by these eliminations.

The subsystem components are arranged in rack assemblies just behind the
two crew members. Avionics and instrumentation components are on the
left side while guidance and environmental control components are on the
right side.

The components are arranged on three shelves on each side, and all compo-
nents are accessible for maintenance and checkout from the center aisle

between the crew members. Each of the shelves may be removed for bench
checkout or to replace components for research objectives on subsequent
missions.

The shelves incorporate cold plating for equipment thermal control.

Supply tankage is located in the corners at the aft end of the forebody behind
the equipment racks off the main gear bulkhead (Station 181.5).

Crew survival equipment is located in the canopy extension (overhead)
immediately adjacent to the hatch.

The remainder of the forebody is reserved for research equipment. This
space is roughly "T" shaped, having an available volume of 52.6 cubic feet

(1.59 cm3),and it straddles the center of gravity so that variations in weight
on the different missions will not affect the vehicle balance. This space is
located within the vehicle where the maximum useful height is available,
permitting larger size pieces of equipment.

The D/3 vehicle and crew seating are not designed for ejection seats. An
ejection seat and ejection hatch may be incorporated at the pilot's location
with some moderate modification. However, the side-by-side arrangement
of the additional crew members is incompatible with ejection seats from both
structural and space availability viewpoints. If more than one ejection seat
is desired, tandem crew seating will have to be incorporated
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4. Afterbody Arrangement

The afterbody has three parallel structural torque boxes; the outer bays contain
the recovery subsystems, while the central area contains the hydraulic systems and
a reserved space for research equipment. The center bay is pressurized. The outer
bays are not pressurized.

(1) A pair of vertical beams along each side, between the main gear bulkhead
(Station 181.5) and rear bulkhead (Station 257), separates the afterbody into
three bays. The outer bays (or main gear wells) enclose the main gear in
the lower halves and the vehicle emergency recovery parachute canisters
in the upper halves. Structural panels in the lower surface of the unpres-
surized bays are sheared and then hinged open for main gear extension.
In an emergency, the upper surface is sheared instead, and the chute
canister (which is an integral part of the panel) is pivoted about a fulcrum
for deployment of the chutes.

(2) An access hatch in the lower surface is provided for access to the central
area. Modular hydraulic system units are located adjacent to the opening
for ease of servicing and maintenance. The space immediately above the

hatch is assigned to research equipment installation (18.6 ft 3, 0.53 cm 3)
where itis readily accessible for checkout and maintenance.

5. Body Extension

The body extension is the fixed structural portion of the vehicle between the elevons

from the rear bulkhead (Station 257) to the base of the vehicle (Station 300). It has flat
sides and bottom with a rounded crown which blends in with the canopy extension.

(1) Structurally, this section includes a fitting along the crown for attachment
of the center fin and rudder actuators and fittings along the sides for the
inboard elevon hinges. These fittings run the length of the body extension,
transferring the loads from the interface separation points (Station 300) into
the main body of the vehicle.

(2) A shielded and insulated solid bulkhead closes off the back end at the inter-
face separation plane. This bulkhead supports two extendable antennas, the
recovery drogue chute and the landing assist (instant L/D) thrustors.

(3) Three of four adapter attachments pass through the interface bulkhead, as
noted above. The fourth attachment is by a strut which passes through the
bottom of the body extension and attaches at the rear bulkhead (Station 257).
This strut is covered by a nonstructural fairing. It is separated and jetti-
soned when the forward adapter section is jettisoned. The hole in the bottom
of the vehicle is filled with a plug which is automatically driven into position
by spring force when the strut is jettisoned:

11



6. Tip Fin Assemblies

The tip fins, body-to-fin fillet areas, and afterbody side panels are included in an
integral structural unit, called tip fin assemblies. The assembly runs from Station
181.5 to the aftermost tip of the fin. It is attached to the afterbody along the length
of the outboard main gear beams and at the two main bulkheads. This assembly also
end-plates the outboard end of the elevons.

(1) The outboard elevon hinge, elevon actuators and tip-fin flap actuators are
embedded within this section.

(2) The attitude control reaction thrustor arrays are located at the rear face
of the lower end of this section (Station 300).

7. Entry Vehicle Fabrication

The design of the HL-10(D/3) entry vehicle is particularly compatible with the
objectives of a research program from a fabrication standpoint. The several sections
of the vehicle (fig. 3) can each be fabricated independently and then assembled into the
whole integrated unit. The whole unit can then be broken down into the major sections
and conveniently shipped to destination.

This type of "prefab" construction inherently incorporates the flexibility and growth
potential desired for a research program. Each or any of the various sections can be
custom built or altered for various mission objectives as the program continues; special
sections could be furnished to replace standard sections and even newly designed sec-
tions of slightly different shapes, (e. g., new nose shape) may be interchanged at any
desired point.

While this program does not warrant the expense and effort of interchangeability,
the design of the D/3 vehicle is such that interchangeability could readily be attained
should this vehicle be employed in a future operational system.

8. Adapter

The adapter is essentially a truncated conical transition section between the D/3 entry
vehicle and launch vehicle (booster). The design of the adapter for a Titan is shown in
figure 4.

(1) The adapter is approximately 6 feet (188 cm) long and 10 feet (305 cm) in
diameter at the larger aft end. The half cone angle is a nominal 27.5 ° .
The interface is oblong-shaped, 57.48 inches (146 cm) high and 42.7 inches
(108.5 cm) wide. The adapter shape is faired in from end to end

(2) The adapter is set at a 2.5 ° angle relative to the D/3 horizontal reference
line for launch and ascent considerations. This angular change is integral
within the adapter.
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(3)

(4)

(5)

(6)

(7)

The adapter is fabricated in one piece and rigidly fastened to the bolting
ring on the Titan. A linear-shaped charge shears and separates the
smaller forward section, 21 inches (53.3 cm) in length, from the remainder
in both normal and emergency modes. The larger section remains with the
booster.

The forward adapter section contains an array of four spherical solid rocket
motors which furnish impulse for deorbit and/or abort operations. These
motors are arranged so that their thrust lines converge at the design center
of gravity of the combined entry vehicle and forward adapter at motor burnout.

Four batteries, which supply electrical power during ascent and orbital phases,
are installed inside the forward adapter section. A pair of horizon sensors is
located externally at the lower portion of this section.

The forward adapter section is jettisoned after deorbit (or abort) with the solid
rocket motors, batteries, and horizon sensors attached; the separation plane
is at the entry vehicle interface (Station 300). None of these items is jetti-
soned separately at any time.

Umbilical connectors are located in the aft adapter section, and access panels
are placed to permit addition of pyrotechnic devices at the latest possible
moment in countdown.
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This section presents the detail weight breakdown on the D/3 configuration as desig-
nated for the primary near-earth orbit entry research mission. This design phase has
resulted in no significant weight changes in the weight data shown for the five vehicles

in Part IV. However, because of the increased depth of study on the D/3 vehicle, the
detail weight of Part IV and this part are not necessarily the same. The basic meth-
odology for the weights development is shown in Part IV along with the criteria used
for vehicle design.

The overall accuracy of the weight data is considered to be good for the following
re asons:

(z)

(2)

Martin Marietta has made detail designs of lifting bodies, particularly in the
medium lift-to-drag range, for the last five years.

Experience and information are available from two Air Force/Martin Marietta
hardware programs, namely, the PRIME and the PILOT, which are currently
in production. The actual weight of the PRIME is 35 pounds (3.9%) below the
incentive contract weight of 890 pounds. The weight of PILOT, of which one
vehicle is almost completely built, is 116 pounds (1.1%) above the incentive
contract weight of 10 929 pounds.

(3) System components are primarily of current state-of-the-art status, having
been developed for Gemini, Apollo, PRIME, PILOT, the X-15, etc.

(4) Structure and heat shield, which represent 44 percent of the entry vehicle
weight, probably present the greatest problem from a weight accuracy stand-
point. Here again Martin Marietta experience in aircraft structure and Mar-
tin Marietta technology experience in heat shield development should tend to
minimize inaccuracies. The structural weight is broken down in detail and
based on a combination of analytical and statistical data. Recent data gained
from the first flight of the PRIME indicate that the structure and heat shield
concept functioned properly; however, this particular flight did not approach
any extreme (de sign limit) conditions.

A. SUBSYSTEM WEIGHT BREAKDOWN

1. Entry Vehicle Structural Derivation

The D/3 structural weights are based on the design studies reported in Part IV and
this section. A structural layout for the D/3 vehicle is shown in fig. 17.

Body structures derivation.- The body structural derivation is summarized below:

• .: ::"
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O0

She 11 .......................................

Includes skin, stringers and frames in all areas
except outboard fin torque box and tunnel area aft
of pressure bulkhead

379 ft 2 at 1.25 lbM/ft 2 x 1.12 ..............

35.2 m 2 at 6.10 kg/m 2 x 1.12 ..............

Outboard fin torque box ..........................

Starts at Station 181 outboard of wheel well and
includes all structure under outer fin panels

Side shell Station 173 to aft pressure bulkhead

29.3 ft 2 at 1.5 lbM/ft 2 x 2 ..............

2.72 m 2at 7.32kg/m 2x2 ..............

Bulkheads (5/side) in side panel

3.3 ft 2 at 3.0 lbM/ft 2 x 10 ..............

0. 306 m 2 at 14.64 kg/m 2 x 10 ............

Shell under outboard fin panels

38.5 ft 2 at 2.0 lbM/ft 2 x 2 ..............

3.57 m 2at 9.76 kg/m 2x2 ..............

Tunnel area aft of pressure bulkhead .................

36.0 ft 2 at 3.0 lbM/ft 2 .......................

3.34 m 2 at 14.64 kg/m 2 ......................

Bulkheads and special frames

Bulkhead Station 31

10.2 ft 2 at 1.75 lbM/ft 2

0.95 m 2 at 8.54 kg/m 2

°°°°°°*°°.°ooo°°.°

°.°°oooo°,°°°°°°.°

Frame Station 83

20.0 ft at 3.2 lbM/ft x 1.41 .................

6.1m at 4. 75 kg/m x 1.41 .................

IbM

(531)

531

(341)

88

99

154

(lOS)

108

(355)

18

9O

16

(241)

241

(155)

•40

45

70

(49)

49

(161)

41
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Frame Station 181

27.0 ft at 4.1 lbM/ft x 1.41 .................

8.23mat6.1kg/mx 1.41 .................

Aft pressure bulkhead

30.6 ft 2 at 2.5 lbM/ft 2 x 1.2 ................

2.84m 2at 12.2kg/m 2x 1.2 ................

IbM

155

92

7O

42

Beams .....................................

Outboard main gear

20.0 ft 2 at 1.5 lbM/ft 2 x 2 .................

1.86m 2 at 7. 32 kg/m 2x2 .................

(188)

6O

(85)

27

I

I

!

Inboard main gear

20.0 ft 2 at 1.5 lbM/ft 2 x 2 .................

1.86m 2 at 7. 32 kg/m 2x2 .................

Nose gear

17.0 ft 2 at 2.0 lbM/ft 2 x 2 .................

1.58 m 2 at 9.76 kg/m 2 x 2 .................

6O

68

27

31

!

!

Longerons ...................................

Estimate ................................

Canopy .....................................

Estimate based on PILOT ....................

Hatches and doors .............................

(50)

5O

(97)

97

(287)

(23)

23

(44)

44

(130)

I

l

l

Entrance hatch, including coaming

7.1 ft 2 at 13.6 lbM/ft 2 (ref. Gemini) ..........

0.66 m 2 at 66.4 kg/m 2 ...................

Main gear doors

5.0 ft 2 at 5.0 IbM/ft 2 x 2 ..................

0.46 m 2 at 24.41 kg/m 2 x 2 ................

97

5O

44

23

•._.;,,__;." ....:
ooo
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lbM

Nose gear doors

5.7 ft 2 at 5.0 IbM/ft 2 (ref. PILOT) ...........

0.53 m 2 at 24.41 kg/m 2 ..................

Emergency chute doors

6.2 ft 2 at 5.0 lbM/ft 2 x 2 ..................

0.58 m 2 at 24.41 kg/m 2 x 2 ................

28

62

12

28

J

ON

I
Miscellaneous small doors, coaming, etc.

Estimate ............................. 50 23

Tail supports and elevon cove area .................. (70) (32)

Estimate (ref. PILOT) ....................... 70 32

F_uoring .................................... (60) (27)

Estimate ................................ 60 27

Miscellaneous ................................ (150) (68)

l

l

l
Estimate ................................ 150 68

Total body structure ............................ 2237 1015

Tail structure derivation.- The tail structure weight has been derived by using the
PILOT structure as a base and modifying this data as necessary. The HL-10 surfaces

are considerably thicker in cross section even after allowing for heat shield covering.
This benefit is offset to a minor extent in that the HL-10 is constructed of titanium
whereas aluminum was used for the PILOT structure.

I

I

I
HL-10

flat plate area

Surface ft 2 m 2

E levon--Lower (2) 33 3.06

--Upper (2) 20 1.86
Fins --Outer (2) 31.4 2.92

--Center (2) 15.7 1.46
Flaps --Outer fin (4) 16.2 1.50

--Center fin (2) 12.5 1.16

Total 128.8 11.96

OO

O00

18 °°°

PILOT (ref.) HL-10 HL-10

unit weight unit weight weight

lbM/ft2 _ lbM/ft2 ke2m2 lbM _._

2.5 12.2 4.0 19.5 132 60
2.8 13.7 2.5 12.2 50 23

6.5 31.7 6.0 29.3 188 85

3.6 17.6 4.0 19.5 63 29
.... 2.5 12.2 40 18

.... 2.0 9.8 25 11

3.4 18.9 498 226

(av) (av)

• O00 000

• O0 • •
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Structure weight summary. - The total weights of the D/3 body and tail structure
are shown below:

lb___M kg

Body structure ................. 2237 1015
Tail structure ................. 498 226

Total 2735 1241

2. Heat Shield

The heat shield weight for the D/3 vehicle is based on an all-ablative heat shield

design sized for all-turbulent flow. This weight, along with weight for all of the detail
heat shield design developed for the D/3 vehicle, is summarized in the following
tabulation, based on the detail studies reported in Part IV:

Heating

condition IbM kg

All-ablative Laminar 2420 1097.9

Turbulent 2710" 1230. 3*

Ablative-radiative Laminar 2150 975.2
(max. use radiative) Turbulent 2450 1111.0

Ablative-radiative Laminar 2080 943.4
(rain. weight) Turbulent 2370 1075.0

Ablative-radiative Laminar 2180 988.8
{max. use radiative} Turbulent 2500 1135.0
with abort protection

Ablative-radiative Laminar 2110 957.1
{rain. weight} with Turbulent 2430 1106.0
abort protection

* Used for weights summary of D/3 vehicle.

3. Crew and Furnishings

A summary of the weight for the crew and furnishings is shown below:

Crew (3) 80 percentile ......................
Pressure suits (3) ....................... . .
Seats including torso restraints (3) ..............
Survival kit .............................

Seawater desalt kit (1) .................
Rations--4 days .....................
Drinking water .....................

IbM kg

1.4
24.0
12.0

540
75

105
78

244.9
34.0
47.6
35.4

0.6
10.9

5.5

19



!;i !

Radio and batteries ...................
Three-man raft .....................

Miscellaneous ......................

Personal hygiene ......................
Relief provisions ......................
Biomedical sensors .....................
Food and containers .....................

Maps, manual and case ..................
Repair kit ...........................
Water* .............................

20.5
12.0

8.1
3

2
6

6
6

2

9.3
5.5

3.6
!

1.4

0.9 I2.7 O
2.7
2.7

0.9 I

Total ............ 823 373.2

*Water for crew consumption is included in the environmental system weight total.

4. Display Panels

A summary of the display panel instrument weights is presented

IbM

be low:

Instruments ............................... (100.5)

Flight director .......................... 6.5
Altimeter .............................. 4.2

Mach meter ............................. 3.0

Energy management display ................... 10.0
Velocity, range and altitude error .............. 3.0
h command indicator ....................... 9.1

command indicator ....................... 9.1

Control surface indicators (4) ................. 4.0
Roll rate error indicator .................... 1.5

Roll error indicator ........................ 1.5

Heading error indicator ..................... 1.5
LV performance indicator ................... 12.0

Clock and elapsed time indicators (3) ............ 6.9
Accelerometer ........................... 1.5

Electric voltage level ........ .............. 0.5
Electric current drain ...................... 0.5

Malfunction warning panel ................... 3.0
Hydraulic system pressure gages (2) ............ 2.0

Propellant temperature gage ................. 1.0
Propellant pressure gage ................... 1.0

Propellant quantity gage .................... 4.0
Motor case temperature gage ................. 0.5
Suit and cabin pressure gage .............. . . . 1.4

Suit and cabin CO 2 gage ..................... 1.4

Suit and cabin temperature gage ............... 1.0

0 2 quantity gage .......................... 2.0

":i : : :" ""
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(45.2)
2.9

1.9
1.4
4.5

1.4

4.1
4.1

1.8
0.7

0.7
0.7

5.4
3.1

0.7
0.2
0.2

1.4

0.9
0.5
0.5

1.8
0.2
0.6

0.6

0.5
0.9
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H20 quantity gage .........................

Glycol quantity gage ........................

02 storage temperature gage .................

02 storage pressure gage ....................

Steam temperature gage .....................

Controls .................................

Landing chute lever ........................
Abort lever .............................
Recovery chute lever .......................
Guidance computer panel ....................
Side stick controllers (2) .....................
Switches (70) ............................

Lights (36) ................................

Panels ...................................

Circuitry .................................

lbM kg

2.0 0.9

2.0 0.9
1.0 0.5

1.4 0.6

2.0 0.9

(29.9) (13.7)
1.0 0.5
1.0 0.5
1.0 0.5
8.4 3.8
4.5 2.0

14.0 6.4

(3.6) (1.6)

(36.0) (16.3)

(36.0) (16.3)

Total ................ 206.0 93.1

5. Electrical Power System

The electrical system in the entry vehicle provides only that power required during
re-entry for all systems except the surface controls. That portion of the electrical
power system required for launch and orbiting time is now included in the adapter to
reduce the entry vehicle weight and to allow more volume for test equipment.

The weight breakdown for the entry vehicle portion is shown below:

Batteries (2) .........................

Wiring, relays, switches, etc ..............

Total .............

IbM kg

124 56.2

230 104.3

354 160.5

6. Environmental System

A summary of the environmental control and life support system weights is
presented below:
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Fixed system .............................
Atmosphere Control system ...................

O 2 supply and pressure system ................

Water supply system .......................
Thermal control system ....................

Cold plates .............................
Ducts, clamps, etc ........................
Instrumentation sensors ....................

Glycol ................................
Umbilical, etc ...........................
_upports and miscellaneous ...................

Expendables ...............................

Oxygen -- cryogenic ........................

Oxygen--7000 psi (48.5 M!N/m_ ...............
Water .................................

LIOH and CO 2 ...........................

Tanks ...................................

Oxygen--cryogenic .......................

Oxygen--7000 psi (48.5 MN/m 2) ...............

Water ................................

IbM

••Q

•OQ

000

(269.9)
80.4

8.2

1.0
52.5
40 0

30 0
10 8

10 0
12 0
25 0

(156 6)
23.8

18.8

110.0
4.0

(71.8)
16.6

37.6
17.6

Total ................ 498.3

k_

( 122.4)
36.5

3.7

0.5
23.8

18.1

13.6
4.9

4.5
5.4

11.4

(71.0)
10.8

8.5
49.9

1.8

(32.6)
7.5

17.1

8.0

226.0
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7. Guidance, Navigation and Communications

A summary of the entry vehicle guidance, navigation and communication weights
is presented below:

lbM kg

Guidance and navigation ..............
Primary inertial platform and

digital computer ................

Backup guidance .................
Dual horizon scanners ..............

Flight control system ..............
Air data sensors ..................

Wiring and supports at 20% ...........
Communications ....................

Audio center .....................

hf transceiver ...................

vhf recovery beacon ................

vhf voice communication including
coax switch and hybrid ............

vhf satellite communication ..........

vhf command receiver including hybrids . .

(263. O) (119.3)

127.0 57.5

39.0 17.7
26.0 11.8
22.0 10.0

5.0 2.3
44.0 20.0

(240. O) (108.9)
7.9 3.6

6.3 2.9
2.5 1.1

18.5 8.4

20.0 9.1
21.4 9.7
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lbM

Telemetry transmission (S-band) ........ 14.1
Exciters (3) .................... 4.8 2.2
Coax switches (2) ................ 4.0 1.8
Triplexer ..................... 3.0 1.4
Isolators (3) .................... 2.3 1.0

Radar beacon tracking (C-band) ......... 15.6
Transponders (2) ................ 8.6 3.9
Coax switches (2) ................ 4.0 1.8
Power divider .................. 1.5 0.7
Phase shifter ................... 1.5 0.7

Radar beacon tracking (Ka band) ........ 4.5

Transponder ................... 4.5 2.0
Antennas ........................ 89.2

hf transceiver .................. 6.7 3.0
vhf recovery including filter (2) ....... 1.8 0.8
vld voice includingwindow and diplexer.. 18.2 8.3

vhf satellite(flush)............... 44.0 20.0
uhf command including window (2) .... 9.2 4.2
S-band including window (3) ......... 5.1 2.3
C-band including window (3) ......... 3.6 1.6
K -band including window .......... 0.6 0.3

a
Wiring and supports ................. 40.0

Total ............. 503.0

8. Instrumentation

A summary of the instrumentation system weights is presented below:

IbM

Tape recorder
Leach Apollo recorder with 2 transports ............ 66

Remote multiplexers
16 at 3.5 lbM (1.6 kg) each .............. ........ 56

Central encoder and power supply
6 at 6.0 IbM (2.7 kg) each ....................... 36

Sensors and signalconditioningweight
2000 at 0.16 lbM (0.0725 kg) each ................. 320

Wiring
25 IbM (11.3 kg) + 2000 at O. 03 IbM (0. 0136 kg) each .... 85
Installation weight

lO% ................................... 62

625Total ..................

6.4

7.1

2.0

40.5

18.1

228.2

29.9

25.4

16.3

145.2

38.6

28.1

283.5
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9. Reaction Control and Landing Assist Systems

A summary of the entry vehicle reaction control and landing assist system is shown
be low :

IbM kg

Engines ..................................... (45• 0)
Roll and pitch (4) ............................. 11.2
Yaw (2) ................................... 6.4

Landing assist {2) ............................. 17.0
Supports ................................... 10.4

(20.4}
5.1

2.9
7.7
4.7

I

el

I
Propellant system .............................. (67.

Tank (450 psi) ............................... 26.
Plumbing, fittings, valves, etc .................... 20.

Supports ................................... 20.

Pressure system ............................... (29

Nitrogen .................................. 5.
Tanks ..................................... 10.

Plumbing, fittings, valves, etc ................... 8.
Supports ................................... 5.

0) (30• 4)
5 12.0
0 9.1

5 9.3

• 0) (13.1)
6 2.5

2 4,6
2 3.7

0 2.3

I

I

I

Electrical provisions ............................. (10.7)

Propellant (peroxide) ............................. (198.4)
U sable 180.4

• • • • • • • • • • • • • • • • • • * • • • • • • • • • • * . • • • •

Trapped and unusable .......................... 18.0

(4.9)

(90• O)
81.8

8.2

Total ..................... 350.1 158.8

10. Surface Control Actuation

The control surface actuation system consists of the hydraulic system, electrical

bias surface actuators and a separate electrical power system. A summary of the
weight breakdown for this system is shown below.

IbM kg

Hydraulic system .............................. (420)
Pump-motor-reservoir (dry) (2) .................. 92

3
Accumulators, 60 in. (2) ...................... 14
Filter units (2) .............................. 20

Plumbing ................................. 30
Hydraulic fluid ........................ ...... 22
Supports and miscellaneous ..................... 32

Actuators--E levons (2) ........................ 90

--Rudders (2) ........................ 50
--Elevon flaps (2) (electrical) ............. 34

--Tip fin flaps (4) (electrical) ............. 36

• d " •** :*•
•00
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(19o.5)
41.7

6.4

9.1

13.6

10.0
14.5

40.8
22.7
15.4

16.3
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Electrical power system .........................
Batteries (7) ...............................
Reverse current relays (7) ......................
Motor contactors (2) .........................
Circuitry .................................

Total ................

OI

60

lb._._M.M kg

(526) (238.6)
434 196.9

21 9.5
8 3.6

63 28.6

946 429. i

11. Landing Gear and Braking Chute

The primary recovery system of the D/3 vehicle consists of a wheel and tire on the
nose gear, a touchdown wheel in a skid for the main gear and a braking chute to mini-
mize landing runout. A summary of the system weight breakdown is shown below:

Landing Gear

Main Gear Nose Gear

lbM_ kg lbM kg

Wheels, tires and tubes ....... --
Skids ................... 117.2

Skid positioner ............. 17.8
Torque arm assembly ........ 17.8
Piston assembly ............. 74.4
Cylinder and trunnion assembly... 73.6
Lower bearing and seal assembly. 5.4
Drag strut assembly ......... 31.2
Metering pin assembly ........ 3.8
Stand pipe and orifice plate ..... 7.8
Miscellaneous bolts .......... 6.0
Oleo trunnion caps ........... 5.2
Drag strut trunnion caps ...... 5.2
Gear actuator .............. 17.8
Door mechanism link ........ 10.0

53.2
8.1
8.1

33.7
33.4

2.4
14.2

1 7
35
2 7
24
24
8 1
4.5

29.4 13.3

32.0 14.5
23.2 10.5

5.1 2.3
15.7 7.1

1.7 0.8
2.5 1.1
8.8 4.0
2.6 1.2
2.6 1.2
8.9 4.0

10.0 4.5

Braking Chute

Main chute ................
Pilot chute ................
Chute risers ...............
Chute bag ................
System controls ............

External fittings ............

3.0 1.4
0.8 0.4
3.0 1.4
1.3 0.6
4.0 1.8
7.0 3.2

Total item ......... 393.2

Total ...........

178.4 142.5 64.5 19.1 8.8

554.8 251.7
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12. Emergency Chutes

Emergency recovery of the D/3 vehicle is accomplished with four clover-leaf para-
chutes in the event that a horizontal ground landing cannot be achieved. A summary of

the emergency chute recovery system weights is shown below:

Pilot chute mortar guns (2) .........................

Pilot chutes (2) ................................
Pilot chute bridles (2) ............................
Main chutes (4) .................................
Main chute risers (4} ............................

Main chute bags (2) .............................

Vehicle harness (1) .............................
Chute disconnects (2} .............................
Chute canister and actuator (2) .....................
Controls, sequence and power ......................

Total.°,.°..°...°....°..°.,.•.•°.

20 9.1

24 i0.9

16 6.8

440 200.0

33 15.0

30 13.6

20 9.1

12 5.4

60 27.2

23 10.4

678 307.5

B. BALANCE AND BALLAST STUDIES

Ballast weight is necessary in order to keep the entry vehicle c.g. at or forward of

53 percent of the entry vehicle length.

As noted in the balance calculations below, the D/3 vehicle without any test equip-

ment requires a total of 220 pounds (100 kg) of ballast. Since the centroid of the test

equipment compartment is located at 57.3 percent of entry vehicle length, the effect

of loading in test equipment is minimal. If the maximum amount of test equipment

permitted with the wing loading of 55.1 pounds per square foot (269 kg/m 2) is located

evenly through the compartment, the weight of additional ballast required would be +88

pounds (+40 kg).

Weight c.g.,

l__bb kg % of length

Structure ........................ 2735 1241 60.4

Heat shield ........................ 2710 1229 57.0

Crew and provisions .................. 823 373 33.7

Display panels ...................... 206 93 18.3
Electrical system ................... 354 161 41.0

Environment system ................. 498 226 53° 5

Guidance, navigation and communicatiorL .... 503 228 50.4
Instrumentation ..................... 625 283 47.8

Reaction control and landing assist ........ 350 159 68.0
Surface controls ................... 946 429 42.6

Landing gear ...................... 555 252 59.3
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Emergency chutes ................... 678
Ballast .......................... 220

307
100

Total ................ ii 203 5081

Maximum testequipment .............. 1 051 477
Additional ballast ................... 88 40

Total ................ 12 342 5598

C. TEST EQUIPMENT

C.g.

7oof length

71.6
3.3

53.0

57.3
3.3

53.0

!

B

!

R

B
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The test equipment weight noted on the chart of 1051 pounds (477 kg) represents the
maximum permissible allowed within the restraint of a maximum wing loading of 55. 1

pounds per square foot (269 kg/m 2) permitted for the D/3 vehicle. This is based on the

current weight estimates for the other components and systems of the D/3 vehicle. This

weight would therefore tend to fluctuate some during the start of hardware program.

The volume available for this test equipment is 74. 8 cubic feet (2. 12 m 3) and, based
on the allowable experiment weight, results in an average overall density of 14. 3 pounds

per cubic foot (69. 8 kg/m2).

It is interesting to note that on a seven flight testing program there is currently one
flight with a test load of 1030 pounds (467 kg). The next highest is 585 pounds (265 kg).
The above indicates that the test equipment allowance does not appear to be critical.

D. BOOSTER ADAPTER SUBSYSTEMS

1. Adapter Structure

A weight of 510 pounds (231 kg) for the D-size vehicle adai_ter, derived in the
parametric vehicle design studies, is considered adequate since the total spacecraft
weights are comparable.

2. Deorbit-Abort Propulsion

A summary of the deorbit/abort propulsion system weights is presented in the
following tabulation:

• : "': .!•... : ":"
-.: ..:....... ..: :::
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Abort engines
Spherical solids (mass fractLon = 0.9) (2) .............

Deorbit engines
Spherical solids (mass fraction = 0.9) (2) .............

Installation

Estimated at 1070 ............................

Total ........................

IbM kg

452 205.0

516 234.1

97 44.0

1065 483.1

Box beams incorporated and included in the adapter structure permit a lower esti-

mate for installation weight than was used in the five vehicle design studies.

3. Electrical System--Adapter

All electrical power to the entry vehicle--except for surface control actuation dur-

ing launch, ascent and orbiting period--are included in the adapter.

IbM kg

Batteries

LR-100 (4) ................................. 248 112.5

Circuitry and supports

Estimated .................................. 40 18.1

Total ........................ 2 88 130.6

4. Miscellaneous

A 100-pound (45.4 kg) weight is allowed for miscellaneous items. This provides

for a number of minor items, such as umbilicals, other than electrical, that will be
added in the detailed design of the adapter.

i

I

OR

!

I

i

I

!

I

I

el

|

28



• • D••

I

I

le

I

I

I

I

I

I

I

go

I

I

l

I

E. MASS PROPERTIES

The mass properties developed for the D/3 entry vehicle are tabulated below:

Weight ......................... 12 342 lb

Cen_r of gravity (distance from nose.) ....... 13.25 ft

I ............................... 17 940 slug-ft 2
Y

iz ............................... 21 865 slug-ft 2

IR ............................... 5080 slug-ft 2

Principal axis, nose up ................. i. 3 °

(489kg)

(4 04 m)

(24 308 kg-m 2)

(29 627 kg-m 2)

(6883 kg-m 2)

(0. 0226 rad)

F. TOTAL D/3 VEHICLE WEIGHTS

The total D/3 vehicle weights are summarized below:

TABLE 1

D/3 Vehicle Weight

IbM kg

Entry vehicle ................................. (12 342)
Structure ................................... 2 735
Heat shield .................................. 2 710
Crew and provisions (3) ......................... 823
Display panels ............................... 206
Electrical system ............................. 354
Environmental system ......................... 498
Guidance, navigation and communications ............. 503
Instrumentation .............................. 625
Reaction control and landing assist .................. 350
Surface controls .............................. 946

Landing gear ................................ 555
Emergency chutes ............................. 678
Ballast .................................... 308
Te st equipment .............................. 1 051

Adapter ...................................... (1 963)
Structure .................................. 510

Deorbit-abort propulsion ........................ 1 065
Electrical ......................... • ........ 288
Miscellaneous ............................... 100

Launch weight ................................. 14 305

(5598)
1241
1229

373
93

161
226
228
283
159
429
252
307
140
477

(890)
231
483
131
45

6488

!
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IV. SUBSYSTEM DEFINITION STUDIES
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This section presents a review of the subsystem studies conducted for the selected
D/3 vehicle. The D/3 vehicle subsystems design and components are based on the util-
ization of existing technology and are conservatively sized to provide a versatile entry
research test platform.

This study effort is a detailed extension for one vehicle of *_uiv-parametric design
studies conducted for the five vehicles and reported in Part IV. The subsystem studies
defined in this document are based on the design criteria reported in section II of Part
IV.

As a result of the Part IV parametric vehicle design studies, design specifications
were prepared on the following subsystems and submitted to potential suppliers for de-
tail component definition, subsystem cost comparisons, and comments on the design
approach:

(1)

(2)

(3)

(4)

(5)

(6)

Deorbit and abort propulsion

Reaction control and landing assist

Guidance and navigation

Electronic flight control

Instrumentation data management

Flight control actuation.

Most of the suppliers who were approached made replies to the request. Details on
the suppliers' responses are shown in the appropriate subsystem section.

Also shown in this section are the effects on subsystem design of the secondary flight
research objectives.

A. HEAT SHIELD

As a result of the design and tradeoff studies conducted during the parametric entry
vehicle design phase of the study (Part IV), an all-ablative heat shield was chosen for
the D/3 entry research vehicle. These studies included a comparison of six different
entry trajectories that represented the bounds of the entry heating environment. They
were made to determine the most severe condition on each of 238 points over the vehicle
surface (table 2). The complete heat shield design environment and criteria are pre-
sented in section II of Part IV. The tradeoff studies compared radiative versus abla-
tive heat shields for each of these areas to determine the total heat shield weight for
six different design combinations and for both laminar and turbulent heating (table 3
and fig. 5). The radiative and ablative materials utilized in the studies are summarized
in table 4. A more complete definition of the materials is shown in Part IV.

ER 14471-7 31



TABLE 2

DESIGN TRAJECTORY HEATING SUMMARY

Total Maximum

heat, heat rate,
Angle of

Design* Btu/ft 2 Btu/ft 2/sec Time, attack,

trajectory (MJ/m 2) (kW/m 2) sec deg

1 136 000 128 2750 27

(1543) (1452)

2 117 000 145 2100 27

(1328) (1645)

3 77 000 196 1340 27

(874) (2224)

4 68 000 99 1700 52

(771) (1123)

5 58 000 110 1300 52

(658) (1248)

6 40 000 145 800 52

(454) (1646)

* Design trajectories defined in Part IV.

TABLE 3

SUMMARY OF TOTAL HEAT SHIELD WEIGHTS FOR TRADEOFFS*

All-ablative

Ablative- radiative

(max. use radiative)

Ablative- radiative

(min. weight combination)

Ablative-radiative

(max. use radiative)
with abort protection

Ablative- tad iative

(min. weight combination)
with abort protection

Heating
condition l__b kg

Laminar 2420 1098
Turbulent 2710 1230

Laminar 2150 975

Turbulent 2450 1111

Laminar 2080 943
Turbulent 2370 1075

Laminar 2180 989

Turbulent 2500 1135

Laminar 2110 957
Turbulent 2430 1106

* Detail tradeoff data in Part IV.

Bank
angle,

deg
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±75

0
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TABLE 4

SUMMARY OF HEAT SHIELD MATERIALS

Density,

lb/in. 3 gm/cc Emissivity

Design heating rate limit,

Btu/ft2/sec MW/m2/sec

Radiative

Beryllium 0. 066 1° 85 0.75 2.7 30.67

Superalloy 0.29 8.03 0.80 15 170.5

Columbium 0.31 8.58 0.80 30 341.0

Tantalum 0.60 16.62 0.80 54 51i. 0

Ablative

MA 25S 0. 0165 0.457 0.72 0.5 50.6

ESA 3560HF 0. 1736 0. 482 0.80 125 1420.0

ESA 5500 0. 0318 0. 881 0.90 157 1782.0

Silica phenolic 0. 03935 1. 091 0.85 None
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Presented in this section of the report is a review of further studies to investigate:

(1) the effects of initial entry angle (_i) on heat shield weights, (2) separated flow heat-

ing rates, (3) heat shield research experiments, and (4) detail heat shield design studies.

1. Initial Entry Angle

A study was made to determine the sensitivity of the ablative heat shield weight to
changes in the initial entry angle. All-ablative heat shield weights (normalized with
respect to weights for HL-10 design conditions) are presented in figure 6 as a function
of initial entry angle for several variations of heat shield design parameters. Total
heat shield weight curves are presented for an 800 ° F (700 ° K) ablator backface tem-
perature with and without safety factors. Curves are also included for a restricted

footprint where the heat design conditions are limited to the maximum crossrange
flight and for a 600 ° F (558 ° K) ablator backface temperature.

The effect of increasing the initial entry angle is generally to reduce the total heat-
ing and heating time, with attendant decreases in the total heat shield weights for all
conditions studied. For example, increasing the initial entry angle from -1.5 ° to -2.5. o
results in a 10 percent reduction in heat shield weight. However, the reduction in heat

shield weight with increasing entry angles (7i) becomes a tradeoff with the increasing

propulsion weights required to achieve the higher )'..
1
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2. Heat Shield Research Experiments

One of the primary experiments on the entry research vehicle program is the evalu-
ation of new ablative materials and alternative heat shield approaches, such as radia-
tive, transpiration cooling and various structural cooling techniques. An air gap of
about 1/2 inch was provided between the insulation and the structure to provide extra
space for the testing of these concepts. A _-pical rigid ablative rued radiative ex-peri-
mental panel arrangement is shown in.figures 7 and 8.

The NASA 602 elastomeric silicon, low-density nylon phenolic, and low-density silica
phenolic are typical of alternative ablator systems which it may be desirable to flight
test. An analysis was made to determine the required thicknesses of these ablators
for a location on the bottom surface of the vehicle, which has a maximum total heating

SILICA
EDGE HEHBER

LOW DENSITY, RIGID,
FILLED SILICA ABLATOR

RTV-560 GAP SEAL

AIR SPACE

DENSITY

INSULATION

STRUCTURE

ESA-3560

TYPICAL SUPPORT

FIGURE 7. TYPICAL ABLATOR EXPERIMENT INSTALLATION
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ABLATOR

PHENOLIC

EDGE MEMBER ON

ABLATOR

.GLASS PHENOLIC
SUPPORT PANEL

MODULAR RADIATIVE

HEAT SHIELD
BRAZED HONEYCOMB

LOW DENSITY

INSULATION

CLOSED LOOP ACTIVE

COOLED ALUMINUM

SHEET

ALUMINUM

STRUCTURE

FIGURE 8. RADIATIVE PANEL--ACTIVE COOLING EXPERIMENT

of 27 000 Btu/ft 2 (306 MJ/m2). The required thickness for a 800 ° F (700 ° K) ablator

backface temperature is listed in table 5 along with the corresponding thickness of ESA
3560HF ablator.

TABLE 5

ABLATOR EXPERIMENT REQUIREMENTS

Required

thickness, Weight,

Ablator in__. cm l_.b

ESA 3560HF 1.14 2.9 2.85 1.09

NASA 602 0.94 2. 385 3.45 1.56

Low-density nylon phenolic 0.91 2.31 2.73 1. 238

Low-density silica phenolic 1.91 4.85 10.80 4.89

OI

I

I

I

I

I

I

I

I

I

I

I

I

36

":i :: "i:" "':
... • • : :.. "'.. :."
ooo

ER 14471-7



I

I

I

I

I

I

I

I

>1

I

I

I

I

I

I

I

I

The NASA 602 ablator is a nonstructural ablator and requires a support panel simi-
lar to the ESA 3560HF. The low-density nylon phenolic and the low-density silica
phenolic are rigid ablators and may be developed so that they can be structurally sup-
ported by fiber glass edge members as shown in figure 7.

The radiative panel experiments will consist of evaluating panel material and struc-
tural design concepts. The experiments will also utilize either an active or passive
structural cooling concept. For normal operation, the cooling concept tubing and
plumbing system will be built into the structure (fig. 8). However, for the experi-
mental program, which will handle various cooling concepts, the cooling panel can be
attached to the ablator heat shield attachment point and the plumbing can be routed to a
common header for entry into the structural pressure shell (fig. 8). Some of the par-
ticular materials and concepts of interest are listed in table 4.

Transpiration cooling panels, while not studied in detail, can be handled in a manner
similar to the radiative panel experiments.

One special problem that occurs in a radiative-ablative vehicle heat shield approach
is the edge joint between the radiative panel and the ablative panels. The hotter radia-
tive panel offers a direct heat short into the lower temperature substrate panel of the
ablator. This must be prevented through the utilization of specially designed joints to
eliminate this undesirable heat flow.

Another problem could occur ff ablative heat shield materials were to undergo sur-
face recession at the interface. This would result in adverse flow conditions and unde-
sirable heating. The silicon oxide forming ablators do not undergo significant surface
recession until the surface temperature exceeds about 3100 ° F, which is also the maxi-
mum temperature estimated for tantalum radiative heat shields. Therefore, as long
as ESA 3560 or similar elastomeric silicon ablators are utilized, interface mismatch
should not become a problem.

5. Heat Shield Design

The all-ablative refurbishable heat shield concept selected for the D/3 vehicle has
been studied extensively by Martin Marietta on NASA Contract NAS 1-5253 and reported
in NASA CR-638, -639 and -640. The basic heat shield concept and some of the fabrica-
tion details are shown in figure 9. A 20- by 36-inch panel was fabricated to demon-
strate the feasibility of the concept (figs. 10, 11 and 12). This panel was made of the
materials and concept shown in figure 9, utilizing the ESA 3560HF ablator material.

The ablative heat shield material coverages determined for the D/3 vehicle are
shown in figure 13. The ablators utilized are: (1) ESA 5500 for the nose, front lead-
ing edge areas; and flaps; (2) ESA 3560HF for the windward surface of the body and
outboard fins, and (3) MA 255 for the leeward surfaces of the vehicle. The details of
an access panel, showing the edge members and fasteners for panel removal, are
shown in figure 14. Lower flap heat shield details are shown in figure 15.

The calculated ablator and insulation thickness at 238 points over the surface of the
vehicle are summarized in table 6. Also summarized in this table are the effective
local to stagnation heating rate ratios and the safety factor utilized for the vehicle de-
sign. The location of the 238 points over the vehicle surface is shown in figure 16.
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FIGURE 10. REFURBISHABLE HEAT SHIELD DEMONSTRATION PANEL 
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B. STRUCTURE

The basic structural approach for the D/3 vehicle is a buckled-skin concept design
utilizing an aluminum frame and longeron structure (fig. 17). Several longerons, bulk-
heads and beams provide the main paths for distribution of the concentrated loads of
booster ascent and landing. The fins and control surfaces are made of 6A1-4V titan:
ium as separate units and then joined to the body structure. By using a buckled-skin
design concept, a simple reliable str_c_re can be achieved that is easy to fabricate
and relatively free from the complex problems associated with thermal stresses in
heated structures. All manufacturing processes required for fabrication of the struc-
ture are existing within the current state of the art.
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1. Design

The selection of the buckled skin approach is based on structural design and trade-
off studies described in Part IV. Also described in Part IV are the detailed design
criteria used for the D/3 entry vehicle structural design. A summary of the critical
structural loading conditions and margins of safety are shown in table 7.

TABLE 7

SUMMARY OF DESIGN LOADING CONDITIONS AND FACTORS OF SAFETY

Internal pressure

Landing condition

(acceleration)

Vertical 4. 0 g

Horizontal

Pitch

* Boost (max. CNq_)

Axial acceleration 1.7 g

* Abort pullout 5.65 g

* First stage burnout 4.3 g

* Second stage burnout 4.1 g

* Stage 0 burnout 1.3 g

* Booster is Titan III-2.

Limit load

5. 0 psi (34.5 kN/m_

Ultimate load

10 psi (68.95 kN/m_

6.0g

1.3g 1.95g

1.12 rad/sec 2 1.68 rad/sec 2

2.55 g

8.5g

6.46 g

6.15g

1.95 g

Factor of safety

2.0

1.5

1.5

1.5

1.5

1.5

1.5

1.5

1.5
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FIGURE 17. D/3 STRUCTURAL CONCEPT 
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Computized design and tradeoff studies (Part IV) were made to determine critical
l?ading conditions and to select optimum landing gear location and configuration. The
two critical overall load design conditions were the ascent and final landing. The abort
condition influenced nose, fin and control surface design because of the high dynamic
pressures.

For the D/3 vehicle, a wheel nose gear and a combination skid-wheel main gear
was  ulect . The oc  u-att0n ]and loada and body structural
weight, To p_ a _ _ cg potential bo_otrac_ral concepts, six various con-
strtwUons were mmluated to determine the most effleient concept. The results showed _[

that the b__ sk_co_e_t wast_ most _ient, Studies of theflp and center _
fin _ae_a_ _ _ a weiKht _avi_s could be achieved by utilizing an 800 ° F I
ti_ __ A _ _the crit!_l 8truetaral dimensions determined for )the D/3 vehicle is Shown _in table 8.

TABLE 8

SUMMARY OF CRITICAL STRUCTURAL DIMENSIONS

Body

Shell (nomveld areas) ....................... 0.025 in. (0.063 era)

Shell (weld areas) ......................... 0. 060 in. (0.153 era)

Stringer and Iongerons ...................... Taper

Frame depth (taper)--top crown ................ 2.5 in. (6.25 cm) minimum

--lower surface ............. 4. 0 in, (10.1 cm) maximum

Frame thickness--top crown .................. 0.075 in. (0.191 cm)

--lower surface ............... 0.10 in. (0.254 cm)

Frame spaci_--average ..................... 11 in. (28 cm)
Center fin

Honeycomb skin panel--faces .................. 0.010 in. (0.025 cm)

--core depth .............. 0.50 in. (1.27 cm)

Substractare ...................... , ...... Varies

Outer fin

Single skin corrugation panel .................. 0.050 in. (0.127 cm)
(average combined skin thickness)

Dynamic design studies were conducted to define minimum stiffenesses for

fins, control surface and entry vehicle to booster adapter structure. These studies
are presented in detail in Part IV.

2. Structural Description

A structural assembly drawing for the D/3 vehicle is shown in figure 18.

Body structure. - The primary body structure is composed of a welded pressure
skin, builtup longeron sections, stringers thatact mainly as panel breakers, and
lipped "Z" or channel cross-section frames.
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There are several pressure and load distribution bulkheads. The main forward

pressure bulkhead is located at Station 31 (0.788 m). In addition to resisting pressure
loads, it also redistributes the nose gear loads into the body bending members. A
load bulkhead is located immediately aft of the pilot station (Station 83, 2.11m). Its
main functions are to distribute the nose gear drag strut loads, provide a transition for
the jettisonable canopy cover support sill, and act as a closing member for the forward
edge of the access hatch.

The aft edge of the access hatch ends at Station 117 (2.97 in). This hatch is essen-
ttally a portion of the canopy ridge structure. It will take only net internal and external
pressure _, not ovez_ll bending loads. Because of the refurbishable heat shield
requirements, the ___.ng mec__anism wi_ be similar to +_at sho._-,- in reference 3.

Between Stations 149 and 181 (3.78 m and 4. 60 in), the entire head bump area is
occupied by an antenna for communication. This is a structural fiber glass shell.

At Station 181 (4. 6 m), a partial bulkhead is provided to redistribute main gear loads
and also act as a pressure transition area. From this station, aft to the back canted

pressure bulkhead, a pressure beam has been incorporated along butt line 20 (0. 508 in).
It provides for a nonpressurized section for the main gear well and the emergency chute
containers. This design simplifies the sealing requirements.

The doors on the crown for the chutes and the main gear doors are considered non-
structural. In reality, this provides an almost natural shear lag path for the boost
loads. To make the outboard crown and lower skins effective would almost be an
impossible task, if the doors were structural. In addition, the eleven actuators would
also be in this compartment, and to seal them for pressure would result in additional
weight penalties.

-.

The main aft pressure bulkhead intersects the body centerline at Station 257
(6.53 in). This bulkhead remains normal to the vehicle centerline in the head bump
area, and then cants forward following the elevon hinge line. Frames are spaced at
an average of 7 to 8 inches (0.178 m to 0.203 In). The pressure skin is an 0.032-inch
(0.81-mm) 2219-T6 skin which is welded together along weld lands. The stringers
and frames and longerons are spot welded to the pressure skin.

The body frames vary in depth from the bottom centerline to the top centerline. In
the aft body area, where the cross section becomes flattened, the wheel well walls act
as the bars to reduce the frame bending moments. Forward of the wheel well pressure
beams, the crown longeron members will be used to provide resisting springs to allevi-
ate the pressure moments. In the major hatch areas, secondary crown and bottom
beams will be utilized to support hatch pressure loads.

Figure 18 shows the cross-sectional views of the major bulkheads. These are sec-
tion cuts A-A, C-C, F-F, H-H and J-J. The main cabin pressure seal is at bulkhead
J-J. However, as can be seen, the center portion may be removed for a tunnel way
during a growth mission. All structure aft of J-J is designed to maintain pressure
inboard of butt line 20 (0.507 m). The ascent booster loads are taken by longeron mem-
bers. Section J-J shows three of the main pickup points. The crown pickup point is
backed by two builtup channel section axial members. The boost kick loads will all be
redistributed by the bulkhead. The two head bump structure longerons lag the load into
the crown sl_. =The,lower [ic!_p point is essentially on the lower surface plane line

.• :'" .'°o
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and here again the bottom longeron feeds and lags the boost load out into the lower sur-
face. The remaining adapter pickup point is located on the vehicle centerline at the aft
cabin pressure bulkhead. This can be seen in figure 19 which shows the adapter-entry
vehicle interface points.

The outboard portions of the aft body are utilized as torque boxes and beams for
supporting the tip fin structure. The major reaction points for the tip fin are the bulk-
head at H-H and F-F. This also provides a logical manufacturing break point. This
tip fin reaction structure is conventional aluminum construction with the refurbishable
heat shields. This structure is then closed off by a closing rib at which the tip fin spars
are attached to the spar pickup points.

Tip and center fin structure.- For the selected design vehicle, a weight tradeoff
study was completed to select a minimum weight tail structure. The importance of an
efficient tail structure is reflected not only in tail structural weight alone, but more
significantly in required ballast weight to provide a given c.g. position. Two struc-
tural concepts were evaluated. The first was an 800 ° F (700 ° K) titanium thermostruc-
tural concept and the second a 200 ° F (367 ° K) aluminum thermostructural concept.
The results of this structural study showed that by using the titanium thermostructural
concept a tail weight savings of 78 pounds (171 kg) could be realized. Considering
ballast effects, this weight savings amounted to 139.5 pounds (307 kg). As a result,
all tail surfaces utilized the titanium thermostructural concept.

For the center fin, a two-spar bending box was used, with a third spar (leading
edge) being used for torsion. An analysis of the critical design loads indicated that
minimum material gage set by manufacturing limitations dictated the design. The
covers are only used to support local pressure and transfer the pressure loads to the
bending spars. This required a stiffness efficient cover, which dictated a honeycomb
panel design. The panel depth was kept to a minimum to avoid severe face temperature
differences and resulting weight penalty. Using a two spar structure with no cover
axial continuity minimizes fin restraint thermally and again will not create thermal
weight penalty. Since the fin was minimum gage critical, a check was made to see if
stiffness was critical. The estimated fin torsional frequency was 145 cps while the
required frequency to prevent flutter was 90 cps. So stiffness was not a structural
design restraint. The entire fin structure can be removed by disconnecting the main
spar splices in the tunnel area.

The tip fin structure, by virtue of its antisymmetric heating environment, uses a
single skin corrugation cover. This will again minimize thermal restraint and resulting
thermal stress weight penalties. The main bending spars are attached to bulkheads in
the body tip fin support structure. These in turn distribute the loads into the body re-
action torque box. The refurbishment is accomplished by removing the windward and
leeward surface skins and reapplying the ablative heat shield material. The leeward
surface is detached which then makes the windward surface attachments accessible.

The leading edge of the tip fin will be replaced after each flight.

Control surfaces.- All control surfaces use titanium material. Generally, all sur-
faces are full torque boxes and are driven at one end through a torque tube and control
surface rib. The center and tip fin surfaces use three hinge points, of which the base
hinge is fixed and the other two are unrestrained in the hinge line direction. All con-
trol surface actuators are located in the aluminum structural area. In addition, all
surfaces incorporate a bearing heat shield segment which is used to block heat during
rotation.
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FIGURE 19. ADAPTER STRUCTURE WITH ABORT/DEORBIT ENGINES
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Adapter. - The adapter is a conventional skin-stringer-frame aluminum structure.
Each end has a load distribution frame or bulkhead. The abort motor loads are taken
by an internal web system which then transfers the loads to the entry vehicle-adapter
interface pickup points (fig. 19).

C. LANDING AND EMERGENCY RECOVERY

I. Landing System

Based on the results of the parametric vehicle design study phase, the configuration
selected for the D/3 vehicle is geometrically that of a conventional tricycle airplane
gear (fig. 20). The main gear in this configuration is located aft of and close to the
center of gravity of the vehicle. The controlling longitudinal location places the ve-
hicle center of gravity just over or slightly forward of main gear when at the maximum
touchdown angle of 25 ° (0.436 rad) (fig. 21). The optimum longitudinal location of the
nose gear and lateral offset of the main gears result in a configuration which provides
the vehicle with a roll-over (lateral) stability factor of 0.67 g.

An air-oil shock absorbing system is used for both the main and nose gear. Main
gear flotation is provided by wire brush skids with touchdown wheels which result in
minimum vehicle pitching at touchdown and maximum drag characteristics during
slide out. The nose gear dual co-rotating wheels result in a drag ratio (main gear to
nose gear) of approximately 40 to 1, providing good slide-out stability. A braking
deceleration chute is provided to reduce slide out to a minimum and to provide addi-
tional slide-out stability. The slide-out analyses conducted in the parametric vehicle
design study (Part IV) indicate the HL-10 can land on a 150 foot _45.6 m) wide and
10 000 foot (3050 In) long runway in a 20-knot (10.25 m/sec) crosswind by use of
aerodynamic rudder control. This landing system was designed in accordance with
the following specifications and design criteria:

Military Specifications:

MIL-S-8552--Strut, aircraft shock absorber (air-oil type)

MIL-T-6053--Tests, impact, shock absorber, landing gear, aircraft

MIL-W-5013--Wheel and brake assemblies, aircraft

MIL-A-8862--Airplane strength and rigidity--landplane landing and ground
loads

MIL-A-8866--Airplane strength and rigidity--reliability requirements, re-
peated loads and fatigue

MIL-C-5041--Castings, aircraft pneumatic tire

MIL-T-5014--Tubes, inner, aircraft pneumatic tire

•OlD

0••
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FIGURE 20. CONCEPT O F  LANDING AND RECOVERY SYSTEM 
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MIL-D-9056--Aircraft deceleration parachute system, general requirements for

AFSCM-80--Handbook of instructions for aircraft designers.

Design Criteria:

Io

I

I

I

Horizontal touchdown velocity--200 to 230 knots (102.5 to 117.5 m/sec)

Vertical sink velocity--13 fps (3.96 m/sec)

Maximum vertical load factor--4. 0 g

Vehicle angle of attack at touchdown--20 to 25 ° (0. 349 to 0.436 rad)

Maximum design crosswind--20 knots (10. 25 m/sec)

Gear extension period--2 sec max.

Gear well temperatures:

I

I

I

I

Ascent temperature of 125 ° F maximum for approximately 10 minutes

in-space environment for periods of up to 15 orbits with gear well tem-
perature range of +40 ° to +100 ° F

Entry gear well temperature of 200 ° F maximum for a period of approx-
imately 30 minutes.

Gear shock absorbing stroke for 4-g load factor:

Kinetic energy of vehicle = 1/2 MV 2

= 32 300 ft-lb (43 800 J)

Shock strut energy = W x L. F. x S x EFF

= 39 600 S-ft-lb (53 300 J)

I

I

I

I

I

Stroke =_
KE

v

E
S

= 0.815 ft = 10 in. = 0.25 m

Used stroke = 10 in. (0.25m).

Where:

M = vehicle mass

Show 11 in. (0.28m) available.

V = sink velocity at touchdown

W = vehicle weight

S = shock strut stroke
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EFF = shock strut efficiency = 80%

L.F. = landing gear load factor.

Nose gear installation. - The nose gear, geometrically located as shown in figure 21,
utilizes a relatively simple design concept (fig. 22). The co-rotation feature of the
dual wheels inherently provides the required antishimmy characteristics. Centering
cams incorporated in the design of the upper and lower bearing installation of the shock
strut maintain a centered position of the wheels until some shock strut deflection is
realized. Located on the axle socket is the sequence switch, which is the terminal
function for deploying the deceleration chute. The gear is held in the stowed position
by anchoring the drag strut to the vehicle structure with a bolt and explosive nut. The
gear is extended by a pneumatic actuator pressurized by a self-contained pyrotechnic
gas generator (fig. 23). Doors supported on goose-neck hinges (necessary due to door
thickness) are opened by a fixed-length mechanical link attached to the oleo strut. The

gear after extension is held in the down and locked position by a dead-center locked
position of the drag strut (fig. 23). Specific component weights as associated with the
nose gear installation are shown in table 9.

I

I

I

on

I

I

I
TABLE 9

D/3 NOSE GEAR WEIGHT

Weight

IbM kg

Nose gear tires (2 units) ............................... 10.8 4.91

Nose gear tire tubes (2 units) ............................ 4.2 1.91

Nose wheels (2 units) ................................. 14.4 6.56

Piston socket assembly with axle and bearings ................ 20.8 9.46

Cylinder and trunnion assembly .......................... 23.2 10.55

Piston and upper bearing ............................... 11.2 5.09

Lower bearing--seal collar and centering cam ................ 5.1 2.32

Stand pipe and orifice ................................. 2.5 1.14

Metering pin assembly ................................ 1.7 0.77

Wheel and miscellaneous bolts ........................... 8.8 4. 00

Drag strut assembly .................................. 15.7 7.14

Oleo trunnion caps ................................... 2.6 1.18

Drag strut trunnion caps ............................... 2.6 1.18

Gear actuating cylinder assembly ......................... 8.9 4.05

Door actuating linkage (at 5 lb each) ....................... 10.0 4.54

Weight total assembly ...................... 142.5 64.80
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FIGURE 21. D/3 VEHICLE LANDING GEAR LOCATION
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Main gear installation. - The main gear incorporates a wire brush skid to provide
*vehicle flotation (fig. 24). This skid (fig. 25) is a design version of the skid proposed
by the Goodyear Tire and Rubber Company for the Dyna-Soar program. Incorporated
to function in conjunction with this skid is a touchdown wheel rigidly positioned on the
lower extremity of the main gear shock strut. The wheel is geometrically located so
that when the vehicle touches down in nose-up attitude the wheels make the only con-
tact with the ground, thereby presenting a low drag, and thus eliminating the pitch
condition. With the vehicle in the three-point attitude, the wheel is free of ground con-
tact and the vehicle is supported on the skid. The skid has the high drag characteristics
necessary for decelerating the vehicle.

The gear is held in the retracted position by a bolt and explosive nut attached to a
lug provided on the drag strut trunnion bar. Gear extension is by actuator incorporating
its own self-contained pyrotechnic gas generator (fig. 23). The gear after extension is
held in place by dead-center locking of the drag strut (fig. 23). Component weights as
associated with the main gear installations are shown in table 10.

TABLE 10

D/3 MAIN GEAR WEIGHT

lbM 1_

Main gear skid ..................................... 41.4 18.80

Touchdown wheel ................................... 15.0 6.66

Axle assembly (touchdown wheel) ........................ 1.4 0.62

Skid bolt ......................................... 0.8 0.36

Piston assembly .................................... 37.2 16.90

Torque arm assembly ................................ 8.9 4.04

Skid positioner ..................................... 8.9 4.04

Cylinder and trunnion assembly ......................... 36.8 16.70

Lower bearing and seal assembly ........................ 2.7 1.23

Metering pin assembly ............................... 1.9 0.84

Stand pipe and orifice plate ............................ 3. 9 1.23

Miscellaneous bolts ................................. 3.0 1.36

Drag strut assembly ................................. 15.6 7.10

Oleo trunnion caps .................................. 2.6 1.18

Drag strut trunnion caps .............................. 2.6 1.18

Gear actuator ..................................... 8.9 4.04

Main gear door linkage ............................... 5.0 2.27

Total weight ......................... 196.6 89.05
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Deceleration brake chute.- The braking chute system is provided to shorten the
vehicle slide-out distance and to improve vehicle slide-out stability during this period

"(fig. 26). The system is activated by the pilot just prior to entering the last flare
maneuver before landing. The chute system by this activation becomes anchored to
the vehicle by a solenoid lock which is incorporated to protect against inadvertent
chute ejection. The pilot chute, however, will not be ejected until closure of final se-
quence switch which is automatically activated by nose gear contact on the runway.
Basic characteristics of the chute installation are presented in table 11.

Item
No.

1

2

3

4

5

6

NOTE:

TABLE 11

D/3 BRAKING CHUTE WEIGHT AND STOWAGE VOLUME

Weight

lbM kg

14 ft diameter {4.26 m) chute .................... 3.0 1.36

4.62 ft 2 (0.43 m 2) pilot chute .................... 0.8 0.36

Chute risers ............................... 3.0 1.36

Chute bag ................................. 1.3 0.55

Syste trols 4 82m con .............................. 0 i.

External fittings, etc ......................... 7.0 3.19

Total weight ........................... 19.1 8.64

System volume for Items 1 through 4, based on packing density of 40 lb/ft3.
8

Stowage volume required =_-_ = 0.2 ft 3 (0.056 m3).

Using 14 ft (4.26 m) diameter chute.

Recovery area (Edwards} at 2300-ft (7000 m} altitude.

1 v2 0.094v2Chute drag, Dc =C D S_p =
O

where

C D
O

S

P

V

= chute drag coefficient = 0.55

= chute area = 154 ft 2 = (14.3 m 2)

= air density = 0. 00222

= vehicle velocity (fps).
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For landing angle of attack =

25 ° - V = 197 knots = 331 fps (101 m/sec)

Dc =10 250 lb (45.7 kN) = 0.83 g.

Opening shock = 0. 00244 r 2 V2 = 13 150 lb (58.5 kN) = 1.07 g

20 ° - V = 226 knots = 380 fps (116 m/sec)

D c=135501b (60.3kN) =l. lg.

Opening shock = 0. 00244 r 2 V 2 = 17 300 lb (77.0 kN) = 1.4 g.

Pilot chute area required = 0.03 drag chute area

C =4.62ft 2 (0.43m 2)
P

Landing system weight. - Summary weights for the landing system are:

I

I

I

I

• kg

A Nose gear weight 142.5 64.8

B Left main gear weight 196.6 89.1

C Right main gear weight 196.6 89.1

D Deceleration brake chute 19.1 8.7

Total weight 554.8 251.7

554.8
Percent of total vehicle weight - 12 342 - 0. 0450 lb.

Landing system performance.- Vehicle performance during slide-out phase was
investigated for two general runway conditions consisting of a skid drag coefficient of
0.6, representing lake bed conditions, and a coefficient of 0.4 representing improved
runway conditions. Vehicle performance for these conditions together with a 20-knot
(10.25 m/sec) crosswind for fixed rudder settings of +20 ° (0.349 rad), 0 ° and -20 °
(0. 349 rad) are reflected in figures 27 through 30.

In summary, it can be concluded that the D/3 vehicle can land successfully on an
improved runway of limited width under adverse crosswind conditions of 20 knots
(10.25 m/sec).

The drag from gear reactions is calculated in the following manner.

For a 14-foot diameter chute at recovery area altitude of 2300 feet (7000 m)

1
Chute drag, Dc =C D S-_ PV 2

o

= 0. 094 V 2

OOO
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Chute K 2

o.: -': ..:

:.i .:i- "!" ":. ":. i-i .." ..: .:" :.!
V2 airspeed = 0.094 V 2 airspeed

(KS)
0.025 N

V"

ma _ Lv

"T ;w
Dc Dv

w

(RS)
_M

149.8 IN.

(3.8 M)

29.2
(0.74

o•

D = chute drag N
C

D = vehicle drag M
v

W = vehicle weight

L = vehicle lift
V

Ks = nose wheel drag

= nose gear reaction _Lrunway

= main gear reaction _Lrunway

= skid friction coefficient

0. 025 = rolling friction coefficient

Rs = rear skid drag

With vehicle attitude of -2 ° in three-point cond_ion, L = 0.

Solving for N and M

_H - -=0=m a D c Dv-0.025N- _M=0

F,v 0 N+M +Lv-W 0

EMc. g. =0 =120.6 N- 29.2 M- (0,025N+ _M) 52.3 =0

M = W - N substituting for M above and using values of _ = 0.6 and 0.4 result in

for _= 0.6

N =4160 lb M =8182 lb

KS = 1041b RS= 49001b
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for _= 0.4

0•0 ••

• 00• •0

N =36601b M =86821b

KS = 92 lb RS = 3480 lb

2. Emergency Recovery System

I

I

I

The recovery system .... 1; L_ used as the emergency means olw_ u= -_ assuring safe crew
recovery in the event of an ascent abort or any other emergency requiring flight termi-
nation away from a prepared landing site. Since the system will be used only in emer-
gencies, the vehicle structure over each of the chute canisters located in each of the

main gear compartments will be cut by pyrotechnic shaped charges as the initial effort
in activating the recovery system. Immediately following this event (controlled by a
time delay relay), the gas generators in the canister positioning actuators (fig. 23) will
be fired, causing the after end of the canisters to protrude above the vehicle surface
(fig. 31). Canister positioning geometry is established to align the canister parallel
with flight paths for ease of chute package extraction.

The chute packages stowed within the canisters will be sealed and pressure-vented
to minimize space exposure effects on the parachute materials. Stowed within each
canister are the 20-foot (6.1 m) diameter pilot chute, the pilot chute ejection mortar,
and the bag containing two 91.6-foot (28.0 m) diameter ring sail recovery chutes and
their suspension lines. The steel cable chute risers and vehicle harness connecting
the dual chute installations are imbedded in the vehicle ablative covering.

With the canisters in position, the pilot chutes are ejected by firing of the mortars.
These chutes provide the drag necessary to extract the main chute packages. The
main chute risers, upon becoming taut, generate a resisting force to the chute package
which is being accelerated by the pilot chute. This resisting force breaks the riser tie-
down to the chute pack, opens the end of the chute pack, and begins to extract the chute
suspension lines, which in turn are followed by the chute canopy.

I

I

I

I

I

l

The chutes are extracted in a reefed condition of approximately 2.5 percent of full
chute canopy. The junction point of the two chute risers and the vehicle harness is
anchored at this time to a structural point on the vehicle. This location establishes a
chute force line directly through the center of gravity of the vehicle, reducing vehicle
perturbations to a minimum.

The chutes will remain in the reefed condition and anchored until the vehicle reaches

predicted terminal velocity pressure "q" conditions. When this condition is reached,
a "q" switch will initiate dereefing and activate the mooring release, allowing the ve-
hicle riser and harness cable to tear through the ablative material to its final anchorage
point. This anchorage positions the vehicle in a tail-down, 70 ° inclination for land or
water impact.

The angle of 70 ° was selected on the basis of data available from tests conducted by
NASA-Langley (ref. 4). The 70 ° penetration in water, at sink velocities well above
these provided by this recovery system, will result in relatively low load factors and
assure vehicle recovery after water penetration to a right-side-up attitude. For land-
based recovery, the vehicle in this attitude will provide the crew with optimum posi-
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tioning for deceleration and will permit maximum structural deformation for impact
energy absorption. With the vehicle in this attitude, the physical attachment point of
the riser to the vehicle is considerably forward of the vehicle center of gravity, estab-
lishing a geometric force line advantageous for dampening vehicle tendency to pitch at
impact. With the vehicle hanging in free suspension, the attitude control system can
be used to retain the vehicle in the desired attitude (bottom side windward) for landing
in a ground wind drift condition. The recovery chutes release will be activated by the
pilot after completion of recovery.

For the pad abort condition, the "q" switch setting will not be exceeded, thereby
permitting the chutes to bypass the reefing cycle during the pad abort recovery mode.
Preliminary analysis indicates that, even at a minimum pad abort boost altitude of
1500 feet (458m), ample time exists for full chute deployment and vehicle deceleration
to the terminal velocity of 25 fps {7.62 m/sec).

Basic computations and schematics are reflected in the following pages and in
figures 31, 32 and 33. The recovery system weight is summarized in table 12.

TABLE 12

RECOVERY SYSTEM WEIGHT

lb

Weight
kg

Pilot chute mortar guns (2) ............................ 20 9.10

Pilot chutes (2) .................................... 24 10.90

Pilot chute bridles (2) ................................ 16 6.80

Main chute bags (double compartment) (2) ................... 30 13.63

Main chutes (4) .................................... 440 200.00

Main chute risers (4) ................................ 33 15.00

Vehicle harness (1) .................................. 20 9.10

Chute disconnects (2) ................................ 12 5.45

Chute canisters and actuators {2) ........................ 60 27.20

Control and sequence and power ......................... 23 10.40

307.58System weight ...................... 675

Required main chute area. -
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V = 25 fps (7.02 m/sec)

e

S = 26 400 ft 2 (2450 m_
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where

W

0

C D
O

S

= vehicle weight

= 0.00222 density at 2300 ft (700 m)

= chute drag coefficient

= chute area

I

I

I

I

I

I

I

V e

CD
O

CD
O

= terminal velocity

= for single chute = 0.78

= for cluster chutes = 0.78 x 0.865

= 0.675

Using four chute cluster

S/chute = 6600 ft 2 (613 m 2)

Chute dia = 91.6 ft (28.0 m)

Required extraction chute area.- Each extraction chute must supply drag sufficient
to extract the package containing two main chutes. Minimum vehicle velocity condi-
tion occurs when the system is Used in pad abort recovery. Vehicle velocity under this
condition is predicted at 135 fps (41.2 m/sec) minimum.

Recommended practice from the parachute handbook (ref. 5) is to use a pilot chute

CD S = to 0.03 main chute C D S for velocities to 200 knots. Therefore, since only
O O

one pilot chute is used per side.

S =0.03x13200 (1226m 2) x0.675
p 0.78

I

I

I

S
P

ft 2
9

= 342 (31.7 m-)

= 20 ft (6.1 m) diameter.

0o0
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Pilot chute drag at minimum vehicle velocity - 135 fps (41.2 m/sec) = 

D =1/2pCD S? 
0 P 

= 5400 lb (2450 kg). 

Chute package to be extracted = 503 lb (228 kg); drag to weight ratio = 10.7. I 

*TO REMAIN INTACT FOR 
WATER IMPACT LAN DINGS 

25 FPS - NORMAL RECOVERY- 4 CHUTES 
w ij ;Fs - ; y.li iriiiiiRE 

* 36 FPS - 2 CHUTE FAILURE 
* 50 FPS - 3 CHUTE FAILURE 

FIGURE 33. RECOVERY IMPACT 
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D. CREW STATION
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This section describes the crew station studies conducted for the detail prelimi-
nary design of the D/3 vehicle. The primary effort centered around the fabrication
and development of a spatial mockup of the D/3 crew station area. Three studies
were conducted with the mockup: (1) pilot window visibility during landing, (2) instru-
ment panel display area and arrangement, and (3) mobility including ingress and
egress.

1. Visibility

An important early task in this study was to determine the need for a canopy on a
research version of the HL-10. This study task, described in Part IV, compared a
no-canopy design using various indirect viewing subsystems (e. g., television and
periscopes) with a canopy design providing the pilot with direct vision through a trans-
parent windshield. Relative visibility, structural weight, reliability and safety aspects
were all considered. While there may be important reasons in a future mission appli-
cation of the HL-10 for employing indirect visibility (such as greater freedom in
internal crew arrangement and providing more than one crew member with approach
and landing control capability), the decision was made to use a canopy and direct
vision as the primary operational mode. Indirect vision subsystems will be a sub-
ject of the flight research program.

For a typical manned operational mission, the following visual contact with the
outside is required or desirable:

(1) Orbital transfer and rendezvous: acquire rendezvous target for orbit transfer
and control.

Ca) Acquisition phase: acquire rendezvous target and maintain visual con-
tact up to physical contact.

_) Undocking: visually confirm separation.

(2) De-orbit: visually confirm separation from retro package.

(3) Entry: visually confirm entry altitude prior to atmospheric re-entry
at 400 000 feet (121.9 km).

(4) Landing approach: at 50 000 feet (15.2 km) visually sight the landing area.

Of these requirements, the first four do not pose serious design or vehicle configura-
tion problems and can be satisfied with small window ports or remote viewing devices.

The landing maneuver, however, is the critical condition. It demanded a more
thorough investigation to determine if adequate visibility can be provided by the
transparent area contained within the confines of the canopy aerodynamic shape
specified for the study.
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Landing visibility criteria. - Certain visibility requirements must be satisfied to

enable the pilot to control the entry vehicle from his visual acquisition of the landing
site to the final touchdown and slide out. The landing process can be divided into
three phases: (1) search and acquisition, (2) approach, and (3) landing. The visibility
requirements for these three phases change, and they are also dependent upon a con-
trol approach link that can be used to provide information to the pilot.

and acquisition phase are prohibitive
ground or on-board radar is used to
to see the landing site. A ground radar
It has been considered in establishing

The visibility requirements for the search
for direct or indirect viewing systems unless
direct the pilot to properly orient the vehicle
system is considered best for this program.
the visibility requirements.

!

B

OB

B
Once visual acquisition has been achieved, the pilot selects a preflare aim point

and starts the final approach maneuvers. During these maneuvers, he should have
sufficient vision to track the aim point. If this approach is to consist of turns up to
360* (6.28 tad), as used on the X-15, some side vision is required to see the aim
point during the turn.

During the final approach phase, when the flare is initiated, the pilot must have a
clear unobstructed view of the runway. Through the flare to runway threshold, he
should be able to see the horizon and at least the runway edges. Once over the runway,
if he has adequate peripheral vision to make final adjustments to the sink rate and
alignment, forward vision is not absolutely required, but it is still desired. Figure 34
summarizes the landing visibility requirements.

Landing visibility studies.-

l

l

i

l
(a) Landing profiles: The flight path angle and the attitude angle history are used

in determining the field of view to the pilot. The landing profile is described here
with the detailed landing profile and performance studies reported in Part HI.

An altitude-range history representative of an HL-10 entering from orbit is
presented in figure 35.

For a typical return from orbit, the HL-10 approaches the landing site at a range-
to-touchdown of 80 nautical miles (148.2 kin) with an altitude of 115 000 feet (35.1 km),
and a speed of 3900 fps (1.2 km/sec}. The time to touchdown is 6 minutes. The
vehicle flies toward the runway to a high key position of 80 000 feet (24.4 km) altitude
and 2200 fps (671 m/sec). At about 45 000 feet (13.7 km) altitude and 900 fps (275
m/sec), a mid-key position is reached about 15 nautical miles (27.8 km} uprange of
the runway with about 3 minutes to touchdown (fig. 36). The HL-10 then banks to
initiate a 180" (3.14 rad} turn with a load factor of 1.2 g which is maintained. The
turn radius of about 5 nautical miles (9.3 km) is used to get aligned with the runway
at the low-key point when the speed has decreased to 600 fps (354 knots) (183 m/sec}.
Depending on the orbit from which the HL-10 is returning, the turn may be less than
180 ° (3.14 rad).

Figure 37 shows a typical landing trajectory for a D/3 configuration with a canopy.

Typically, the landing trajectory can be divided into two phases: a flare phase,
and a float phase. During the flare phase, angle of attack is continuously increased
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to maintain a normal "pullup" load factor. This phase is required to reduce the
normally high rate of sink to a value acceptable for touchdown (<13 fps) (4m/sec).

Angle of attack is reduced sharply once the desired rate of sink is achieved and
thereafter altered to maintain the desired rate of sink until touchdown.

The conditions at the time of flare initiation are usually established by pilot
preference for high kinetic energy for added maneuverability. The flare begins
at an altitude of about 1560 feet (475 m) above the runway and at a distance 1.56
nautical miles (2.9 km) uprange of the touchdown point. Pilot preference usually
dictates a negative flight path angle of 30 ° (0. 524 tad) and an indicated airspeed
in excess of 300 knots (154 m/sec). In the case presented in figure 37, the indi-
cated airspeed is 331 knots (170 m/sec), and the true airspeed is 351 knots
(180 m/sec). The time is 20 seconds before touchdown. A 2-g pullup is main-
tained by increasing angle of attack as airspeed decreases. After 9 seconds, the
rate of sink has been reduced to about 12 fps (3.7 m/sec), and the pullup maneuver
is terminated and the period of float begins.

At float initiation, the vehicle is 151 feet (46 m) above the runway and 0.79 ,_autical
miles (1.5 km) uprange from the touchdown point. The time to touchdown is 11 _ _conds.
The landing gear are deployed 5 seconds before touchdown and are completely down
and locked by 3 seconds before touchdown. At this time the vehicle is 38 feet (11.6 m)
above the runway and 0.2 nautical miles (0.37 km) uprange from the touchdown point.
In the last second before touchdown, there is a leveling off of the rate of change of
angle of attack required to maintain the desired rate of sink. This effect is caused
by the proximity of the ground.

Touchdown occurs at a velocity of 226 knots (116 m/sec) and an angle of attack of
20 ° (0.35 tad). Slide out is generally completed in 20 seconds after touchdown.

The trajectory used for the visibility study (fig. 37) was based on procedures rec-
ommended by NASA FRC personnel and represents conditions experienced d,;rinff the
HL-10 and M2-F2 air-launch programs. This trajectory produces smaller pit_hup
attitudes (0) during the critical phase of the landing maneuver (from end oJ:flal'e to
touchdown) and consequently the best visibility. Trajectories producing higher values
of 0 would further degrade the already marginal field of view shown in _his report.

(b) Description of canopy design: The basic external canopy follows the geometry,
defined in the NASA reports (reI. 6) and referred to as canopy "D, " is shown in
figure 38. The conical windshield (fig. 39) falling within this shape was developed
during this study.

Because the forward transparent areas cannot be exposed to the re-entry environ-
ment, a heat shield protective cover with an insulation layer must be provided, as
shown in figure 40. At 75 000 feet (22.9 kin) or below, this cover is jettisoned to dis-
close the wrap-around windshield that is free of post obstructions otherwise existing
with a flat panel arrangement. The wrap-around design also presents a cleaner aero-
dynamic configuration because gaps are at a minimum and sharp corners or transi-
tions are eliminated. The heat shield, however, will be set out from the outside mold
line by 2-3/8 inches (0.12 m). Therefore, prior to jettisoning the shield, a modified
canopy shape would exist.
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No attempt has been made at this time to study fully the transparent installation and
its host of problems, i.e., sealing, edge attachments, thermal breathing, etc. Past
Martin Marietta studies in this area indicate that designs for an entry vehicle are well
within the state-of-the-art; temperatures beneath the heat shield can be controlled to
+200 ° F maximum, allowing the use of plastic or glass transparencies. If necessary,
the conical shape windshield can be constructed from high-temperature glass to
accommodate higher temperatures or space soak conditions that might be injurious to
plastic materials. The principal area of concern for the study centered not on detail
canopy hardware design but rather on the evaluation of visibility through the trans-
parent area within the controlled geometry of the canopy.

For in-orbit requirements, direct visual contact with the outside is provided by an
eight-inch diameter round port located on the left of the pilot's head. Through this
window, the pilot can orient the vehicle with earth, confirm separation prior to entry,
and confirm entry attitude. This window is exposed at all times. Temperatures in this
area are not expected to exceed 1800 ° F, and a fused quartz multiple panel window can
be installed with a metallic, hermetically tight seal.

For the main transparent area, studies indicate that the edge attachment can be
contained below the canopy/body intersection line (figure 40). Therefore, maximum
visibility is obtained. The clear area extends aft to a canted frame as shown in
figure 39.

(c) Direct-vision sight-line interference envelop: A full-scale crew station mock-
up of the D/3 vehicle (fig. 41) was used for determining the envelop of the pilot's
sight-line interference with vehicle structure. Vision angles were plotted from the
two eye positions shown in figure 42: the normal eye position at the vehicle center-
line and a maximum head movement position determined by a subject wearing a high-
altitude helmet (type A/P 225-2). For the latter, it was found the head could be moved
comfortably to the side 6-1/2 inches where the helmet contacted the structure, and
3/4 inch forward considering the restraint harness and a comfortable body position
to handle the flight controller. This head movement resulted in lowering the eye
position 1-3/8 inches.

Vision angles were plotted from these positions using the wire method (fig. 43).
Results are shown in figure 44.

(d) Pilot's field of view during the landing approach: Having studied the landing
profile and vehicle attitude data and having designed a maximum of transparency into
the forward canopy area, as shown in figures 39 and 40, it was possible to plot the
visibility limits within this area (fig. 44). These data, together with the vehicle
attitude data (fig. 37), permitted plots of the horizon and runway to be made, depicting
the view that the pilot would obtain during critical phases of the landing maneuver.
Figures 45 through 48 show these visual plots. For the study, a runway 300 feet
(91.4 m) wide and 10 000 feet (3.1 km) long was used.

Forward vision of the runway is completely obscured from just prior to the end of
flare to touchdown. However, the horizon can be seen during the entire landing opera-
tion. As shown in figure 49, at touchdown the runway edges are visible 321 feet
(98 m) ahead, assuming the eyes are at the centerline of the vehicle, and 523 feet
(159 m) if the head is moved to the second position just described.
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FIGURE 41. FULL-SCALE CREW STATION MOCKUP 
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FIGURE 43. WIRE METHOD OF DETERMINING VISION ANGLES 
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In figure 47, with head movement, the runway edge comes into view if touchdown
is 1000 feet (305 m) or more from the uprange end of the runway; otherwise, it is
completely obscured. Periodic yawing of the vehicle 5 ° (0.087 rad) during the
approach maneuver was considered to assist in runway alignment; however, the data .
presented in figures 46 and 47 , indicate a yaw angle greater than 10 ° (0. 175 rad)
would be required from end of flare to approximately runway threshold to obtain a
view of the runway edge.

Four seconds after start of flare a horizontal vehicle attitude is achieved, and as

shown in figure 45 ample up and down visibility is available. Uprange from this point,
the pilot's field of view of the runway will improve since 'hose down" attitudes prevail.

This analysis, although better substantiated than that conducted during the para-
metric phase of the study reported in Part IV, is still considered preliminary.
Adequacy of the visibility provided by the D/3 should be further analyzed by dynamic
ground simulation and will only be proven in the air launched flight test phase.
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2. Control and Displays

The following controls and displays developed for the D/3 vehicle configuration are
based on a three-man crew consisting of pilot, copilot/flight engineer and test experi-
menter.

Crew tasks. - On this basis, mission tasks were allocated as a function of crew
member mission time/work load and available space for controls and displays. This

philosophy provided the following task definition for each crew member.

The pilot's mission responsibilities are:

(1) Launch vehicle performance monitoring and launch abort backup to
automatic abort system.

(2) Vehicle orbital attitude control

(3) Orbital maneuvering to station

(4) Propulsion management

(a) Reaction control system

(b) Abort and deorbit rocket system

(c) Landing assist engine system

(5) Monitor and control hydraulic system

(6) Monitor malfunction warning system

(7) Backup autoflight control during entry

(8) Atmospheric flight control
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(9) Visual acquisition of landing site

(10) Landing flight control

(11) Abort.

|O

I

!

The copilot/flight engineer will be responsible for the following tasks:

(1) Monitor and control electrical system

(2) Monitor and control environmental system

(3) Control communication system

(4) Entry flight control training
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(5) Rendezvous and docking control.

The primary tasks of the test/experimenter are delineated by those experiments to
be conducted during a given flight. He will serve a secondary function as a backup for
flight engineering tasks.

With these crew member tasks defined, it is now possible to assign those controls
and displays necessary to perform the above tasks.

Control display arrangement.- Particular emphasis was given to the development
of the flight control group. Soft mockups were utilized to develop crew station sizing,
arrangement and vision. Special emphasis was directed within the cockpit area.

Vehicle size and shape in the cockpit area restricted the console space to 772 square
inches within the pilot's useful vision and reach envelop. Additional space may be ac-
quired by the use of foldout panels from within the inner skin structure. Systems that
serve only during one unrepeated mission phase, such as the launch vehicle monitoring
system, could be a plug-in unit that would be stowed after use.

Cockpit control panel areas were subdivided into visual and manual primary effec-
tiveness zones, as defined in ASD-TR-61-91. They were utilized as the starting point
for control/display area assignment (fig. 50).

The main display panel contains those instruments necessary for launch vehicle
performance assessment, orbital and atmospheric flight control.

The right-hand console is devoted to the two-axis controller {rudder pedals are
provided for yaw) malfunction warning system and suit environmental control system.
Additional control panel space for orbit control can be obtained with a fold-out panel
near the arm rest.

The left-hand console contains communication, lighting, abort-deorbit propulsion,
abort system controls, hydraulics, reaction control and landing assist propulsion
systems.

The central pedestal contains the energy management unit, landing engine emer-
gency shutdown switch, landing gear and landing chute controls.
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Figures 51 and 52 illustrate the physical control/display design and panel area
arrangement within the cockpit area.

The two rear crew stations, copilot/flight engineer and test experimenter, are
identical in size and arrangement. There are available 363 square inches of forward
panel space. In addition, there are about 456 square inches of inner skin space avail-
able for additional use. This area would be limited to those nonessential instruments
less than 4 to 8 inches in depth.

The _^_"^*/_1_,_, eng'meer's training _nction ...:11 .... .._^ _ ...._v_,,w/,,_s,,_ _,_ _uL_ that he ,,_ a duplicate
set of orbital flight instruments and a three-axis controller. The flight instruments
will be located on his lower forward panel. The three-axis controller is on his right-
side console.

Primary electrical power and environmental control, displays and controls are
located above the flight group. Secondary displays and controls plus communications
are located on the side panels adjacent to the operator. Figures 53 and 54 illustrate
the copilot's station.

The test experimenterWs station, a mirror image of the copilotts station, will vary
as a function of experimentation to be performed. His primary task is the control of
experimentation. However, he will serve a secondary function of backup to flight engi-
neering tasks. Figure 55 is typical for this station.

Component list. - A list of instruments, lights, and controls required at the crew
stations is given in table 13.

Increased canopy volume at pilotVs station. - Mockup studies of the pilot station
demonstrated the critical nature of the space available for the pilot and his necessary
functional equipment.

To obtain maximum forward downward visibility, it was necessary to locate the
pilot at this most forward position. Although this forward position is minimum, and
limited tests demonstrated it to be acceptable, a more detailed analysis of equipments
and display would be required to assure complete adequacy of the display area. A
more aft position of the pilot to gain volume for additional panel space can only be
achieved at the expense of further degrading visibility.

The moclmp studies also showed that an increase in shoulder room for a 95 percen-
tile man would be desirable. To provide a total width increase at the shoulder level of 4

inches, it would be necessary to bulge the forebody and canopy. The geometry changes
necessary to do this are shown in figure 56.

3. Ingress and Egress Provisions

A 24 by 34 inch hatch, located in the crown just aft of the pilot and midway
between the aft crew members, provides access to both stations. This opening is
sufficiently large to permit installation or removal of subsystem components.
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If maintenance is required while in the launch position, ladders, platforms, etc.,
can be provided and installed inside the vehicle.

Crew loading of the aft station will be similar in procedure to that of Gemini. It
should pose no difficulties and require a minimum of ground support equipment, as
shown in figure 57. Since the canopy is fixed and the pilot's entrance is through the
aft crown hatch, it will be necessary to move the pilot's seat aft to a position below
the hatch. Then, with the aid of an assist device, the pilot would be inserted into the
seat. The seat would then be rolled forward into the normal launch position. Figure 57
demonstrates this technique.

In the second method, the seat back rest is rotated aft. The pilot is inserted into
the seat. The seat is then rotated into launch position. Figure 58 demonstrates this

tecl.nique.

For normal egress while in the vertical position, the operation would be reversed.
For normal egress after landing, the pilot would rotate his seat back and use the back
rest as a step to climb over the coaming, as shown in the sequence pictures of figure 59.
The aft crew could then use the pilot's seat as a step and proceed to evacuate in the same
manner, or they could use the pilot's floor as a step, as shown in figure 60.

For emergency egress while in the vertical position, the pilot's canopy, consisting
of a large wrap-around transparent windshield, could easily be sheared cleanly at the
edge attachment with a shaped charge. The transparency could then be pushed out
easily. The canopy cover required for entry heating protection would be first jettisoned
in the normal manner. The aft crew would escape through the crown hatch after explo-
sively shearing the hatch hold-down pins which would allow the hatch to fall clear of
the vehicle.

For a crash landing, where crew activity is possible, the same procedure would be
used. External hatch and canopy removal controls accessible to the ground crew would
also be provided.

Perhaps the most hazardous escape situation would occur immediately following an
emergency recovery over water where flooding occurs due to reptured structure. Pro-
viding the crew can perform evacuation duties, they would first remove the canopy and
hatch, the aft crew would then jettison the survival kit which includes a three-man raft.
Evacuation procedures developed for Gemini would then be followed by the suited
astronauts.
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FIGURE 52. CONTROL/bISPLAY IN FULL-SCALE MOCKUP 
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FIGURE 53. MOCKUP OF COPILOT'S STATION 
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_rumants i tity [ tian *

i
Suit and cabin pressure 1 IC

I

Suit and cabin temperature 1 C

Suit and cabin CO 2 1 C

O 2 quantity 1 C

H20 quantity 1 C

Glycol quantity 1 C

0 2 storage pressure 1 C

0 2 storage temperature 1 C

Steam temperature 1 C

Pressure indicator

system no. 1 1 P

Pressure indicator

system no. 2 1 P

TABLE 13

COMPONENT LIST

Quan- Loca-

Lights tity tion *

Environmental Control System

Low 0 2 1 C

mghco 2 1 c
Cabin pressure low 1 C

Cooling system pressure low 1 C

High O 2 flow 1 C

Suit pressure low 3 P, C, E

Hydraulics System

System no. 1 normal

System no. 2 normal

System no. I overload

System no. 2 overload

System no. I low

System no. 2 low

1 P

1 P

1 P

1 P

1 P

1 p

Communications System

uan- Loca-Controls lty tion *

Suit Hi 0 2 flow valve 1 C
Water seal switch 1 C

Cabin vent valve 1 C

Cabin reclreuiatian 1 C

Suit flow valve 3 P, C, E

Suit temperature control 3 P, C, E

Suit fan switch 3 P, C, E

Suit demand regulator 3 P, C, E

Suit Imrge valve 3 P, C, E

Cabin temperature cantro I C

Cooling pumps switch 2 C

Cabin fan switch 1 C

Suit inflow valve 1 C

Suit bypass valve 1 C

Cabin pressure regulator 1 C

Cabin purge valve 1 C

Cabin repressure valve 1 C

Hi-flow atmosphere valve 1 C

A_anosphere shutoff valve 1 C

Crew emergency
cooling valve 1 C

H20 flow override valve 1 C

Accumulator valve 1 C

Redundant cooling
loop valve 1 C

System no. 1 on/off 1 P

System no. 2 an/off 1 P

Voice control center 3

Each center contains:

Mode selector

(7 position) (1)

VHF on/off/vol (1)

HF on/off/volume (1)

VHF squelch on/off (1)

HF squelch on/off (1)

SAT on/off/volume (1)

Internal an/off/vel (1)

Voice transmittal
selection and modulater
switch PTT/VOX/

Keying/Coot Int PTT
(4 position) (1)

P, C, E

h__
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TABLE 13. --Continued

COMPONENT LIST

oo0

Instruments

Flight director

8-day clock

Total elapsed time

Radar altimeter

Maeh meter

Accalerometer

Energy management

display

Velocity error
indicator

Altitude indicator

Range to go indicator

Roll rate indicator

Roll error indicator

Heading error indicator

Central rudder

position indicator

Tip fin flaps

position indicator

Elevon flaps

position indicator

h command ind

/_(lilsec)tape
V (it/sec) tape

h (it) tape

Qp/Qm tape

_ an tape

adeg tape

a eonnnand ind

Fuel temperature

Fuel pressure

Fuel quantity

100

2 P, C 0.05 g

3 P, C, E 0.02 g

3 P, C, E Auto flight control malfonction

indicator pitch
1 P

AFC malfunction indicator

1 P roll

2 P, C AFC malfunction indicator yaw

2 P. C

2 P, C

2 P, C

2 P, C

2 P, C

2 P, C

2 P, C

1 P

1 P

1 P

2 P, C

units

Quan- Loca-

Lights tit'] tion *

Guidance and Control System

2 P, C

2 P, C

2 P, C

2 P, C

2 P, C

Controls

Side stick controller

AFC pitch on/off

AFC roll on/off

AFC yaw on/off

Boaitail in/norm

Speed brake ext/retraet

Tip fin flaps inner/

off/outer

Elevon flaps down/

off/up

Energy management

computer entry unit

Quan_ Loca-

tity | tion *

2 P, C

2 P, C

2 P, C

2 P, C

1 P

1 P

1 P

1 P

1 P

2 P, C

units

Landing Assist Engine System

Engine on 1 P System on/off switch

Propellant system no. 1 Emergouey shutdown

malfunction 1 P switch

Propellant system no. 2 System test selector

malfunction 1 P switch (8 position)

Pressure systems 1 and 2

malfunction 2 P

Malfunction Warning System

System warning 15 P I Master test switch

I

Abort indicator 3 P, C, E

Summary malfunction indicator 2 P

Landing System

Gear down indicator 1 P Gear down switch

Landing brake chute

release and ]eitison

handle

Recovery chute release

and jettison handle

Canopy and Hatch

Hatch latches open 1 C

Common with

RCS gages

1 P

1 P

1 P

Common with

RCS control

1 P

1 P

1 P

1 P

Hatch jettison switch 1 C

Canopy shield arm switch 1 P

Canopy shield jettison

switch 1 P
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TABLE 13'--Concluded

COMPONENT LIST

Instruments

SRM TVC pressure

SRM thrust chamber [ ]

pressure [ 1 ]P

Stage I fuel and oxidizer [ I

tank pressure I 1 ] P

Stage H fuel and oxidizer i [

tank p ..... re I 1 i P

BIGS-m6s {x), i I

VHConnter I 1 Ip
RIGS-RIGS (z), I l

VRConnter I 1 iP

BIGS'_D counter I 1 I P

_c_r i_ IP
Attitude chann_

L_h_

Launch Vehicle Performance System

Abort indicator

Stage I thrust chamber pressure i 2 I P

Stage H thrust chamber pressur_ 1 I P

Guid non compare I 1 I P

BIGS-RIGS mode indicator ] 1 [ P

2v72/.2=0L i ,
Reaction Control System

Controls

Slow drift selector switch

System on/off switch

Fuel temperature

Fuel pressure

Fuel quantity

Motor case temperature

Voltage dc

Amperage dc

I_RCS on/off indicator _--'-----_ RCS on/off switch

Prop syste .... Imalfunction ] 1 ]P I RCS emerg shutdown switchI_P p

Prep_stomne._mal_otiunI 1 1P | Systemtest-eel_ter
Press.syetomno.Im_ctionI I IP | _ponttiun_
Press. system no. 2 malfunction[ 1 [P [

Abort-Deorbit System

Abort system no/go

Deorblt system go

Deorblt system no/go

Electrical Power System

Case heater on/off switch

Motor temperature selectc

switch (4 position)

Abort arm switch

Abort pull handie

Deorblt motor selector

switch (4 position)

Deerblt motor firing
switch

Flight control power on _ Flight control power

Flight control power malfunction[ I I C [ on/off

Adapter power on [ 1 i C ]Adapter power (m/off

_. _ . t _ i_ i R/V power system no.

*_/v power on sy ...... [ l [_ I on/off 1

R/V power on syste .... 2 [ 1 [C ] R/V power system no. 2

R/V power system no. 1 [ [ I on/off

malfunction I I [C I Electric power test

R/V power system no. 2 [ ] [ selector (14 position)

malfunction
[ I ]C [ Circuit breaker switch

Circuit breaker open indicator

* P--Pilot's station C--Copilot's station E--Expertmenter'e station

C
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FIGURE 59. PILOT EGRESS AFTER LANDING 

FIGURE 60. PILOT FLOOR AS STEP FOR AFT CREW EGRESS 
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E. NAVIGATION AND GUIDANCE SUBSYSTEM

Important subsystem design criteria include the maximum use of developed and
flight-proven equipment compatible with the vehicle's research potential, plus the
utilization of a simple logic for entry flight which considers the pilot as the primary
controller.

The recommended approach, shown in figure 61, was evolved in accordance with
these criteria and with the functional requirements throughout the mission. This evo-
lution is presented in section VI-E of Part IV, along with pertinent functional descrip-
tions, performance evaluations and a subsystem specification. These Part IV perform-
ance evaluations substantiated the adequacy of the recommended navigation and guidance

approach through the couplete entry phase to the point of terminal flare initiation, de-
spite simulated 3a perturbations. As described in Part IV, the simple guidance logic
makes use of preprogrammed reference curves for both the primary and backup modes.
Navigation and guidance performance evaluations have been extended in this document
to include results of simulated flights conducted specifically for the D/3 vehicle and
the flight test trajectory entering from the recommended elliptic orbit. These perform-
ance results are summarized in the subsequent two sections, after which the recom-
mended subsystem equipments are discussed.

1. Inertial Navigation Error Propagation

The proposed use of autonomous inertial navigation, from deorbit until acquisition
by the landing area tracking radar, results in a vehicle position uncertainty that in,
creases with time. This radial error buildup (in the horizontal plane) was determined

for two HL-10 entry trajectories. Trajectories T 1 and T 2 (table 14) cover the flight

duration from deorbit until Mach 5; T 1 corresponds to maximum L/D or flight time,

and T 2 to the maximum practical crossrange case. The T 3 case assumes a ground trans-

mitted navigation update just prior to atmospheric entry, otherwise it is the same as

T 2 . (The table 14 navigation errors are corrected by ground terminal guidance. )

Results show that initial conditions are the major sources of navigation error propa-
gation and that the inertial sensor error contributions are relatively small. Also, an
update at atmospheric entry does not reduce the error buildup due to initial misalign-

ment, which is the major error source for trajectory T 2.

These navigation error results were obtained for the recommended primary naviga-
tion system from linear error equations, programmed by Autonetics on a 7094 compu-
ter. Similar results, provided by Minneapolis Honeywell, TRW and United Aircraft,
substantiate that entry navigation error contributions due to 3a inertial component er-
rors will be minor compared to initial condition effects.

The primary navigation requirements, as defined in the subsystem specification in
Part IV, include the ability to accurately navigate and guide throughout ascent--in event
of a malfunction in the boost vehicle inertial guidance system. Its performance through
boost and a three-quarter orbit coast was also evaluated, using digital computer simu-
lation, by Autonetics and United Aircraft. Simulation results substantiate that the per-
formance specifications in Part IV will be met.
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Error source

_x = 18 mill

A&y = 18 min

A_z = 18 min

&x = 8 fps

(2.44 m)

_,y = 8 fps

(2.44 m)

,_z = 8 fps

(2.44 m)
AX=0.5n. mi.

(0. 926 kin)

05n m*
• (0. 926 km)

Az =0.5 n. mi.

(0. 926 km)

TABLE 14

NAVIGATION ERROR IN HORIZONTAL PLANE AT

TERMINAL SITE RADAR ACQUISITION

T 1

(3630 sec)

Radial error,

n. mi. (km)

5.0 (9.26)

12.1 (22.41)

4.0 (7.41)

14.1 (26.1) *

12.0 (22.2) *

1.3 (2.41)

2.1 (3.89) *

Trajectory

6.7 (12.41) *

T 2

(2592 sec)

Radial error,

n. mi. (km)

6.3 (11.67)

8.3 (15.32)

3.2 (5.93)

5.1(9.45) *

7.5 (13.89)*

o (o)

0.5 (0. 926) *

3.8 (7.04) *

0.5 (0.926)

T 3

(892 sec)

14.8 (27.41)

Radial error,

n. mi. (km)

6.3 (11.67)

8.3 (15.37)

3.2 (5.93)

O. 8 (1.48),

0.8 (1.48)*

1.0 (1.85)

0.4 (0. 741).

0.2 (0.37)*

0.2 (0.37)0.2 (0.37)

11.0 (20.37)24.6 (45.56)

Accelerometers (3) 5.1 (9.45) 1.8 (3.33) 0.6 (1.11)

Gyros (3) 0.6 (1.11) 0.3 (0.56) 0.3 (0.56)

RSS total

• g

* Without vertical channel stabilization
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2. D/3 Entry Guidance Performance

The guidance performance evaluation presented in Part IV was conducted for an ini-

tial entry velocity of 25 320 fps (7740 m/sec), which results from applying a 520-fps
(159 m/sec) velocity increment from a 100-nautical mile (185 kin) circular orbit.
These studies also utilized a C/2 vehicle. Several of these simulated guidance flights
were repeated for the D/3 vehicle to evaluate sensitivity to vehicle size and to the higher
initial entry velocity when deorbiting near apogee from the recommended baseline ellip-
tic orbit.

Primary mode guidance evaluations again concentrated on the maximum practical
crossrange case, using the Part IV guidance equations. The most critical 3a error

source again proved to be an L/D uncertainty of -7 percent. Resulting angle of attack,
_, and bank angle, _, response traces are presented in figure 62 for the nominal case
and for simulated L/D perturbations of -7 percent and +14 percent. The relative L/D
(or a) margins, during hypersonic flight, and the quantized q and _ command levels
during the ground-based terminal guidance phase, can be observed. Specific results
of these and other simulated flights are summarized in table 15.

Comparison of the table 15 nominal values with those in Part IV shows an 8 percent
higher crossrange maneuverability due to the increased entry velocity, but also in-
creased total heat. However, heating criteria and hypersonic L/D margin sensitivities
to uncertainties and to error source perturbations show only minor differences. Per-
formance is slightly improved for the D/3 vehicle trajectory with regard to negative
L/D error tolerability. The lateral displacement errors at flare initiation altitude are

significantly improved by simulating the ground radar location to be directly beneath
the nominal flare initiation point, instead of at the runway as assumed for the Part IV
simulations.

3. Recommended Equipment Summary

The equipments considered for the D/3 vehicle configuration were recommended by
potential suppliers in response to a Martin Marietta request for information. This re-
quest was accompanied by the subsystem specification presented in Part IV.

Characteristics of the pertinent equipment recommended by various suppliers for
the primary mode, backup mode, and experimental research task provisions are sum-
marized in tables 16, 17 and 18. All are applicable to the specified requirements.
Unless noted otherwise in the tables, the preliminary cost estimates include necessary
design, development, test equipment, and seven flight units. Some of the alternative

equipment summarized in table 18 may also prove applicable for the primary or backup
modes, depending upon future development and tests.

The selected equipment for the D/3 vehicle is summarized in table 19. This equip-
ment is described further in subsequent sections, which cover the specific units recom-
mended by each contractor and include supporting data.
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4. AutoneticsRecommendations

Primary mode.- The HL-10 guidance and navigation system is a serf-contained,
automatic guidance and navigation system designed to function and control with the re-
quired accuracy through ascent, post-ascent abort, in-orbit, deorbit and entry. As
summarized in table 19, the system is composed of an N16 Inertial Reference Set

(IRS), two horizon scanners, and a D-103H general-purpose computer.

The N16 IRS, when integrated with the D-103H digital computer, functions both as
a sensor of inertial acceleration components along a set of space-stabilized orthogonal
axes, and as an attitude reference. The system block diagram is shown in figure 63.
The IRS is designed to accept external mode commands and gyro torquing signals for
operation in an align/navigate mode.

Inertial reference set: The IRS consists of a stable platform assembly and its asso-
ciated control electronics and power supplies. The platform is an all-attitude device
on which are mounted three VM8S velocity meters (integrating accelerometers). The
VM8S output is in the form of two square-wave resolver signals, 90 ° out of phase. The
platform is stabilized by two 2-axis G9 gyros.

The gyro operates in a pulse-torquing mode. The torquing signals provided by the
external computer are converted in the IRS to binary pulse form. The pulses are of
constant amplitude and width increments; they change in sign under digital computer
control to produce the desired torquing rate. Zero torquing rate is generated by alter-
nate plus and minus pulses. Maximum torquing rate of 50 ° per hour occurs when the
binary signal remains in the plus or the minus state.

The platform uses a one- and eight-speed resolver assembly on each of the roll,
pitch; and azimuth axes. The outputs are transformed to synchro form in the driving
amplifiers, and also electronically encoded to whole-word digital form. Sine and cosine
of the roll angle are also encoded.

IRS precision parameters, such as gyro and velocity meter biases, scale factors,
and axis alignments, are stored in a small memory module located in the IRS. Most
of these parameters are determined and stored during a system-level automatic cali-
bration run; others are manually entered at the time of inertial instrument change and
prior to system calibration. When the IRS is mated with the external D-103H computer,
the precision parameters are read out to the memory of the external computer for use
in the navigation mechanization.

Conversion and tie-in equipment: Conversion electronics are required for compatible
interface between the IRS velocity meters and gyros and the external D-103H computer
for: (1) converting the IRS platform gimbal angle resolvers to the desired analog and
digital forms, (2) validity and parity checks, and (3) digital communication between
the memory of the IRS and the external computer.

D-103H computer: The computer proposed for use in the HL-10 baseline guidance
and navigation system is a microminiaturized general-purpose computer.

The D-103H computer consists of an arithmetic and control unit, coincident-current
core memory, input-output, and the power supply--all combined into a single chassis.
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Integrated circuits are mounted on 5 by 7-5/8 inch circuit boards. Interconnections
for these boards are provided by a multilayer interconnection board to simplify wiring.
Forced air and conduction cooling are used to maintain the components within specified
temperature limits and to provide environmental protection with a sealed chassis.

Functionally, the D-103H is a binary, parallel, single-address computer capable of
performing logic and arithmetic operations for the HL-10 baseline primary N and G
system.

The characteristics of the D-103H computer are summarized in table 20.

Horizon scanners: The selected horizon sensors unit features four tracking heads
spaced 90 ° in azimuth around the yaw axis of the vehicle. Two tracker heads are mounted
on a single casting, so that only two castings are mounted on the vehicle. In operation,
the trackers supply measurements of the horizon angle at four different azimuth positions.
Pitch and roll can both be computed from any three out of the four measurements by per-
forming analog computations of the typical forms :

eA +e B
Pitch (or roll) = 2 eC

or

Pitch (or roll) = eC - eA

where eA, eB, and eC are three properly chosen horizon-angle measurements.

I

l

l

I

l

l

Any one of the four trackers can fail, therefore, and undegraded performance can
still be achieved by properly switching the inputs to the pitch and roll computing cir-
cuitry. Similarly, if the sun appears in the field-of-view of any of the four trackers,
that tracker will be removed from the computation and full performance can still be
realized.

Self-contained performance monitoring: During system operation, critical points
can be continually monitored by the digital computer through a logic network to provide
a discrete indication of a failure in any of the system functional areas. This informa-
tion will then be available for prelaunch readout or for telemetering to a ground station
during test flights.

The functional areas, monitored during automatic checkout as well, are the follow-
ing: power supplies, platform control loops, gyro torquing loops, velocity meter con-
trol loops, optical tracker loops, the digital computer, and auxiliary equipment outputs.

Automatic checkout: A thorough and accurate assessment of the functional integrity
of the system can be obtained from a computer-controlled system checkout. Automatic
checkout provides a rapid, uniform procedure, free from human fallibility and the re-
quirement for operator skill in application and interpretation.

During prelaunch checkout, a thorough test must be administered by the computer
which will quickly verify system functional integrity or isolate a malfunction to a readily
replaceable major assembly such as the IRS, the optical trackers, the horizon scanner,
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TABLE 20

D-103H COMPUTER CHARACTERISTICS

Functional

Type ......................

Synchronous clock rate ...........

Data word length ..............

Number system ...............

Instruction format .............

Memory capacity ..............

Memory type ..................

Special features ...............

Performance Data

Memory cycle time .............

Arithmetic instruction times .......

Addressing modes

Parallel processor--internally stored pro-
gram--tape filled

1.11 Mc (0.9 _sec per bit time)

24 bits including sign

Binary 2's complement

Single address--32 basic instructions--
plus input-output and modified instructions--
24-bit instruction length

16 384 24-bit words

DRO core

34 interrupts--internal and external with
wired priority

Built in program interrupt protection

Built-in 50-millisecond real-time interrupt

Built-in double precision add, subtract,
clear, and add and store instructions

Bootstrap fill capability

Special instructions

Power transient or failure memory pro-
tection

3.6 _ sec

Add/subtract, single precision.. 7.2 _sec

Add/subtract, double. ........ 10.8 _ sec
precision (built- in)

Multiply--single precision .... 18 _sec

Multiply--double precision ..... 152 _sec
(programmed)

Divide--single precision ...... 29.7 _ sec

............... Direct addressing for up to 32 768 words

Indexed addressing--7 index registers stored
in memory, unlimited levels of indexing.

Indirect addressing--unlimited levels of in-
direct addressing and indexed indirect ad-
dressing

Memory expansion: up to 16 000 words internally, plus another 16 000 words in exter-
nal package (located up to 30 feet from basic computer) without modifications to basic
computer.
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the IRS electronics, the computer, the experimental system sensor equipment, or the
backup strapdown system.

Development status: The N16 IRS navigation system has successfully completed
flight testing at Holloman Air Force Base. An advanced version of the N16 system is
presently under development for the Mark II avionics system for the Flll aircraft.

The D-103H computer is currently under development by Autonetics' Data Systems
Division for use in an Air Force military application. Development and delivery sched-
ules lead the HL-10 program sufficiently to provide a well-developed and flight-tested
computer for the HL-10 flight program.

Development of the horizon sensor package was completed for the Orbiting Geophys-
ical Observatory.

Backup mode.- The backup strapdown navigation and guidance system consists of a
modularized inertial sensor package and a special-purpose DDA computer. The iner-
tial sensor package consists of two Autonetics G10B gyros, three Autonetics A40 elec-
tromagnetic accelerometers, gyro electronics, a clock (to be used also by the DDA's),
and a power supply. Its characteristics are summarized in table 17.

l

I

I

l

G10B gyro: The Autonetics G10B free-rotor gyro is a two-axis displacement gyro
capable of torquing rates of up to 20 ° per second. Except for the increased torquing
capability, it is identical to the G10A gyro used in the N35S Inertial Measuring Unit
(IMU) experimental system.

A40 electromagnetic accelerometer: The electromagnetic accelerometer is a sin-
gle-axis, closed-loop, force servo type. Although it is inherently an analog acceler-
ometer, a digital velocity output is obtained when it is combined with current-digitizing
components in the force-servo loop. The acceleration sensing member is a fused-
silica proof mass which is attached to the accelerometer stator members by means of
an integral flexure section. The proof mass and the flexure section are made of a sin-
gle, precisely lapped and etched disk of fused silica to attain dimensional stability with
respect to temperature, time, and acceleration environment.

lo

l

I

I

B
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DDA special-purpose computer: The computer requirements for the baseline backup
navigation and guidance system will be met by a small special-purpose DDA computer,
incorporating components and techniques within the limits of existing technology. The
computer will consist of 60 to 100 metal-oxide-semiconductor integrators, one bit
counter, one 30-bit shift register, a small serial storage device, and some initializa-
tion and input/output selection logic. The serial storage device will be used for storage
of platform parameters and preprogrammed trajectory data.

The MOS integrators and associated logic will be contained on two 5 by 8 inch or
smaller cards. The volume of the logic package will not exceed 0.1 cubic feet. The
total weight of the computer will not exceed 2 pounds and will not require more than
5 watts of power.

Experimental research equipment.- In its basic form, the system is composed of
an Inertial Measuring Unit (LMU), an optical tracker, and a digital computer. An addi-
tional known-landmark tracker to perform Task GN-3 is added to the basic system
without the need for very precise mechanical tie-in with the IMU. The N 35S IMU is an
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adaption of the N16 IRS proposed for the baseline system. The basic difference between
the N16 and the N35S is that the use of the star tracker in the N35S system requires the .

N35S to use precision optical gimbal angle readouts, but allows the IMU to use non-case-

rotated gyros. Otherwise, the N35S is identical to the N16 proposed for the baseline
system. The N35S IMU platform is stabilized by two G10A gyros, miniaturized ver-
sions of the two-axis, free-rotor, gas spin bearing gyro (G6B4). Precision optical

angle readouts are used for gimbal angle resolvers.

The computer proposed for use in HL-10 experimental systems is the D-103J, a
smaller version of the D-103H proposed for the baseline primary navigation and guid-

ance system. This computer possesses features making it capable of satisfying the

stringent requirements of the experiments to be performed. The D-103J memory can
be expanded to 16 384 words (the D-103H), and thence to 32 768 words to meet increases

in sy _tem requirements. This is accomplished by the addition of a 16 384-word memory
module which can be located remotely from the computer.

m

m

o!

m

The N35S optical star tracker consists of a telescope, mounted in a two-degree-of-

freedom gimbal system with a torquer and optical angle readout on each of the two axes.
A solid-state photodetector is mounted in the focal plane of the telescope. To ensure a

large viewing solid angle at all times, the tracker will be mounted separately from,
but on the same base with, the IMU.

The known-landmark tracker is identical to the star tracker with the exception of

the focal-plane detector. The landmark tracker has star detector as well as a landmark

detector capability to permit inflight calibration.

Because the N35S is identical to the N16, with the exception of the gyros and gimbal

angle readouts, a high degree of confidence can be placed in the quoted physical charac-
teristics of the N35S. The gyros used are the developed G10A gyros which are presently
used on the Elliott Brothers' E5 autonavigator. The gimbal readouts are the optical

angle readouts which were developed for the N 16S autonavigator.

Development status: Daylight star acquisition and tracking were successfully demon-

strated in 1952 by the Autonetics XN-2 inertial navigator. Since 1955, successors to
this first stellar-inertial navigator have included N2C, N2J, N3A, N3B, and N7D.

These systems have undergone thousands of hours of test and actual use in such vehicles
as T-29, B-58 and C-121 aircraft, and marine surface craft. Current development

programs include a company-funded N 16S tracker subsystem and the Air Force-funded

Unknown Landmark Tracking (ULTRA) Feasibility Study.

5, Honeywell Recommendations

Primary mode.- The system consists of a stable platform IMU and a SIGN-III com-
puter. Its characteristics are summarized in table 16. The IMU is an all-attitude,

four-gimbal type derived from various programs, including Gemini. It utilizes three
GG177 flexure pivot accelerometers and three GG8001 miniature integrating gyros.

The computer utilizes a random-access, coincident-current magnetic core memory

with a storage capacity of 4096 20-bit words. Typical computation times are: add

(4 _sec), multiply (24 _sec), and divide (24 psec).
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Backup mode.- The navigation and guidance backup system characteristics are sum-

marized in table 19. It provides information to the pilot and/or vehicle flight critical
electronics which allow the vehicle to be guided to a predetermined area for terminal
radar acquisition. The system also provides instrumentation for postflight data analy-
sis.

The system consists of a strapdown inertial measurement unit, a computer/pro-
grammer, and a power supply.

_rMU: The ___U contains three type_ GG87-B16, miniature, floated, sing!e-degT_ee-
of-freedom, rate integrating gyros and three type GG177-B17, fluid-filled, hinged-
pendulum, linear accelerometers. Both the gyros and accelerometers are operated
in a pulse-rebalance mode.

Computer/programmer: The programmer section provides the computer section
with stored functions: acceleration, alpha limits, roll angle, etc. It can operate in
a continuous or standby mode. The latter facilitates long flight periods that require
no input.

The computer section performs all computations required to implement the entry
guidance law.

Development status: The backup system is being flight verified on the PRIME pro-
gram as the navigation and guidance system. Minor modifications are envisioned, pri-
marily to the computer/programmer, to facilitate the longer, muir/orbital HL-10 mis-
sion. This should not, however, invalidate PRIME flight testing that will have been
achieved.

Experimental research equipment.- The SIGN III inertial guidance system is con-
tained within one package which includes the strapdown inertial sensor, computer, and
associated electronics. Its characteristics are summarized in table 18.

The inertial sensor assembly contains three pulse-rebalanced gyros for measuring
incremental angular rotations at body rates up to 200 ° per second, and three pulse-
rebalanced accelerometers for measuring incremental velocities during linear accel-
eration up to 20 g.

The SIGN III computer is a fast, general purpose computer with special hardware
to facilitate high-speed incremental arithmetic. Its important features include:

Memory size ........................ 4096 words, standard

Expendable .......................... Yes

Data word length ...................... 20 bits

Instruction word length .................. 20 bits

Add time ........................... 4 }_sec

Multiple time ........................ 24 _sec

Divide time ......................... 24 }_sec

Index registers ...................... 3 in memory

Number of instructions ........ .... 56
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The processor uses two-complement, fixed-point, fractional arithmetic. While the 20-
bit data word is adequate for the majority of the calculations, several instructions have.
been provided for double-precision arithmetic. For example, the double-precision add
instruction can add two 40-bit words in 6 microseconds. Memory sizes up to 4096 words
can be accommodated directly. Larger sizes may be handled conveniently by using an
output discrete as a bank change command. The special-purpose, wired-program se-
quencer processes the incremental inputs (velocity and attitude pulses) at a rate of 3200
iterations per second.

A functional block diagram of the SIGN III is shown in figure 64.

6. TRW Systems Recommendations

I

I

OR

I
T:.e lunar module abort guidance section is a strapdown, all-attitude, inertial guid-

ance subsystem being developed and produced by TRW systems for NASA's Manned
Spacecraft Center under subcontract to Grumman Aircraft and Engineering Corporation.
The AGS is a light-weight, low-powered guidance subsystem which offers sufficient
flexibility for application to a wide variety of manned and unmanned missions. Its char-
acteristics are summarized in table 19. With minor modifications, it can be employed
for the experimental research tasks and also for the primary or backup modes.

The abort guidance system consists of three subassemblies: the abort electronics

assembly, the abort sensor assembly, and the data entry and display assembly. A
brief description of each of these major subassemblies is contained in the following
paragraphs.

Abort electronics assembly (AEA).- The AEA is a general-purpose digital computer
designed by TRW for use with strapped-down gyros and accelerometers. This general
purpose computer incorporates a core memory with a 5-microsecond access time and
has a word length of 17 bits plus sign. All circuits have been designed using "worst-
case" techniques in order to meet the stringent reliability requirements of the lunar
module program.

The general characteristics of the lunar module AEA are :

Memory capacity ....................... 4096 words

Clock frequency ........................ 1. 024 Mc

Word length .......................... 18 bits

Repertoire ........................... 2 7 instructions

Computation time

I
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Add ............................. 10 _sec

Multiply .......................... 70 _sec

The memory system is a partially hard-wired, partially scratchpad, 18-bit, 4-milli-
second cycle time, ferrite core type. The memory is currently half hard-wired and half
soft-wired, with 512 words of the soft-wired portion being scratchpad. The logic design
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is such that allowance for expansion has already been designed for extension from
4096 words of memory to 8192. The scratchpad memory is electrically alterable
through established loading equipment.

Abort sensor assembly (ASA).- The inertial reference unit for the abort guidance
section, the ASA, is being developed and produced by United Aircraft Corporation Sys-
tems Center under subcontract to TRW. This inertial sensor assembly utilizes three
Norden RI-1139B single-degree-of-freedom, floated, rate integrating gyros, and three
Bell VII pendulous accelerometers as inertial instruments. The ASA is essentially a
self-contained subassembly in that it includes, in addition to the inertial sensors, an
integral power supply, inertial sensor pulse rebalance electronics or pulse torque servo
amplifiers, thermal control electronics, and a frequency synchronizer or control sub-
assembly.

The gyros and accelerometers are beth operated in a torque-rebalance or forced-
limit cycle mode. The gyros sense angular rotation about each of the vehicle axes and
are pulse-torqued to remain at null. The pulses represent incremental body rotations,
A0, which are processed by the AEA. Similarly, the pulse-rebalanced accelerometers
measure incremental velocity changes, and the pulses are proportional to incremental
vehicle velocity components along the respective accelerometer input axes.

General characteristics of the ASA are:

Maximum design turning rate .............. _25 deg/sec

Maximum design acceleration ............. +100 ft/sec 2

l
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Sensor scale factor (approximate)

Angular ........................ 3 arc sec/pulse

Translational ...................... 0. 003 ft/sec/pulse

The current ASA design (see functional block diagram in figure 65) takes advantage
of the AEA's capability to provide compensation of certain error sources and of the
capability of the lunar module primary guidance subsystem for providing initial align-
ment under some operating modes. Other mission applications for which the abort
guidance system might be considered would require certain ASA modifications, such
as the addition of a porro prism for optical azimuth determination and a change of the
accelerometer scale factor. This later change can be accomplished within the accel-
erometer pulse torquer servo amplifier because the instrument itself is capable of
measuring in excess of 20 g.

Data entry and display assembly (DEDA).- The DEDA enables the astronaut to man-
ually enter data into the computer and to readout data stored within the computer. The
entry or readout of data is accomplished via a keyboard. As data are assembled, they
are displayed on an electroluminescent panel for verification by the operator prior to
initiation of either an entry or readout command. In the event data are incorrectly
entered or an incorrect mode commanded, an operator error lamp is lighted, indicating
to the astronaut that an error was committed. The address of the memory location
where data are to be entered or read out consists of three octal digits.
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Data are composed of five decimal digits and a plus or minus sign. Additional con-
trols consist of a "clear" button for clearing data incorrectly entered or for terminating
a readout mode and a ,'hold" button for terminating the update of data being read out of the

computer.

7. United Aircraft Recommendations

The proposed backup mode equipment consist of a three-axis strapdown inertial
measurement unit (SDIMU) and a special purpose digital data processor. The SDIMU
contains three Norden RI-1139 gyros, three Bell VII accelerometers, pulse torquing
servo amplifiers, and other associated electronics. The data processor converts the
sensor body attitude reference to an equivalent inertial reference. Equipment char-
acter_stics are summarized in table 17.

Strapdown inertial measurement unit.- The strapdown inertial package is that de-
veloped for the Centaur Phase II program. It is essentially the lunar module/abort
sensor assembly redesigned to accommodate the boost environment of the Centaur.
It is expected that modifications, if any, would be minor to satisfy HL-10 requirements.

Digital data processor.- The platform equivalent electronics package is a special
purpose digital data processor designed by United Aircraft for use with the strapdown
inertial sensor package. The pulse outputs of the sensors are used to calculate sen-
sor attitude in inertial coordinates.

The computer memory system contains a 512-word linear core rope for the program
memory, plus a 256-word by 24-bit coincident current toroidal core matrix for data
memory. The core rope memory is used for the portion of the program which remains
constant regardless of the mission. The scratch-pad" memory is utilized for those
sections of the program and data which are mission- and time-dependent. Thus, tar-
geting flexibility and reaction time are preserved with a savings in weight and cost.

The core rope memory utilizes toroidal cores which have a linear B-H curve.
These cores permit low power operation because the cores are not switched and do not
have to be primed. The entire memory system logic circuitry consists of integrated
circuits, including core rope drivers and sensing circuits. The coincident current
memory utilizes integrated circuits for matrixing and sensing and discrete components
for the core drivers.

8. A.C. Electronics Recommendations

The Apollo navigation and guidance configuration which would come closest to satis-
fying the specified HL-10 requirements is a Lunar Excursion Module (LEM) system
which consists of two wiring harnesses, inertial measurement unit, pulse torque assem-
bly, power servo assembly, electronic component data unit, LEM guidance computer,
and display and keyboard. The display and keyboard does contain certain pilot displays,
and the computer can be programmed to display any of its information.

As summarized in table 16, the LEM system weighs approximately 225 pounds and
requires 400 watts of 28 volts dc power, At the present time the ninth LEM system is in
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final checkout and is fully qualified for the Apollo program. The differences in en-
vironmental requirements are estimated to have no impact on the design. By the date

-of the HL-10 need, the system will have been fully flight tested.

9. Raytheon Recommendations

The Apollo guidance computer is a parallel, single-address stored program, gen-
eral purpose computer, characterized by core rope modules containing 6144 words.
The core rope modules are designed to be inserted into the computer in pairs, so the
guidance computer could operate with 12 288 words to 36 864 words of fixed memory.
The HL-10 application can be met with one pair of core rope modules supplying a
capacity of 12 288 words of fixed memory and 2048 words of erasable memory. Com-
puter physical characteristics are summarized in table 16. The computer capacity is
more than adequate for the baseline primary mode requirements, and also appears to
be well suited for accomplishing research tasks GN-3 through GN-6 in Part II.

Salient features of the Apollo guidance computer are listed below:

Organization ........................

Number system ......................

Power (operating) .....................

Power (standby) .....................

Clock frequency ......................

Memory (fixed) ......................

Memory (erasable) ...................

Word length ........................

Volume ..........................

Weight ...........................

Add time ..........................

Double precision add ..................

Multiply time .......................

Double precision multiply ...............

Divide time .........................

Memory density (NDRO) ................

Memory density (DRO) .................

Parallel

l's complement

100 watts

10 watts

2 Mc

36 864 words

2048 words

15 bits plus parity

Approximately 1 ft 3

Approximately 70 lb

24 _sec

36 _sec

48 _sec

4 80 _ sec

84 _ sec

3000 bits per cubic inch

1000 bits per cubic inch
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F. ELECTRONIC FLIGHT CONTROL SUBSYSTEM

The electronic flight control subsystem generates output signals to the reaction jets

and to the surface control actuators in accordance with input commands from the pilot's

hand controller or the guidance computer (primary or backup, as indicated in fig. 61).

The tradeoff studies have emphasized maximum utilization of proven techniques and

equipments compatible with vehicle research potential. Initialtradeoffs of current sub-

system technology and research needs were conducted. These tradeoffs involved:

(1) complete dependence on pilot fly-by-wire inputs to the surface control actuators

versus a mechanical link (for backup, at least), (2) the use of conventional versus

adaptive or supervisory loop techniques for varying the autopilot gains and surface trim

settings, and (3) analog versus digital mechanizations. These tradeoffs--along with

a description of the recommended approach, a preliminary performance evaluation, and

a subsystem specification--are presented in section VI-F of Part IV.

The baseline functional block diagram (fig. 66) uses conventional gain programming
for stability augmentation and fly-by-wire pilot input commands. It makes use of three

parallel channels per axis for reliability enhancement, with automatic switching via
comparator circuits.

1. Recommended Equipment Summary

The equipments considered for the D/3 vehicle configuration and described in some

detail in this section were recommended by potential contractors in response to Martin

Marietta's request for information. This request was accompanied by the subsystem
specification in Part IV.

Table 21 summarizes pertinent equipment characteristics, as recommended by

various potential suppliers. The preliminary cost estimates include necessary design,
development, test equipment, and seven flight units. Physical descriptions of the

equipments selected for use in the detailed configuration design of the D/3 vehicle are

summarized in table 22. They are further described in subsequent sections, which

cover the specific equipments recommended by each contractor and provide supporting
data.

2. Sperry-Phoenix Recommendations

In accordance with the subsystem specification, the proposed baseline equipment
incorporates pilot fly-by-wire inputs and conventional gain programming.

System operation.- To provide full authority over the entire trajectory, inner loop
and outer loop gain variations are implemented. The gain variation is mechanized for

complete versatility in that it can be addressed from a multiplicity of sources using
a d-c voltage for control. The control voltages can be either continuously varying or

discrete. Hypersonically, the gains are varied by inertial components sensing body
axis accelerations. As the vehicle veolocity becomes less than hypersonic, the gains

are controlled from air data inputs or ground-updated inertial navigation velocity from
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TABLE 21. CANDIDATE ELECTRONIC FLIGHT CONTROL EQUIPMENT

Contractor Equipment

Baseline

System :

Sperry- Phoenix

Autonetic s

Honeywell

Experimental

System:

Autonetic s

Autonetic s

Triplex

Autopilot

TRISAFE

Autopilot

Modified

MH 132

Autepilot

Adaptive

Autopilot

(SIDAC)

Digital

Autopilot

(2 computers)

Weight,

lb (kg)

25

(11.3)

35

(15.9)

85

(38.6)

Volume,

ft 3 (m 3)

0.38

(0. 011)

0.54

(0. 015)

1.91

(0. 054)

42 0.71

(19.1) (0.020)

Powe r,

watts

97

85

165

85

26 0.4 90

(11.8) (0. 011)

MTBF,

hours

50 000

1 000 000

50 000

3 000 000

1 200 000

Cost,

$

1.2 x 106

0.6

3.275

1.8

for

3 SIDAC

and

3 digital

Development status

Rate sensors and electronic

modules developed for PILOT

(SV-5) drop test program.

Pitch channel tested. Funded

contract to install P&Y system
on F-101B.

Circuits being developed
for the C5A program.

Being mechanized for 1967

flight tests.

Developmental computer.

TABLE 22. SELECTED D/3 ELECTRONIC FLIGHT CONTROL EQUIPMENT

Weight, Volume, Power,
Contractor Equipment lb (kg) ft 3 (m3) watts

Sperry- Pitch Autopilot Assembly 26
Phoenix

Lateral Autopilot Assembly

Command Coupler Assembly

7
(3.2)

10
(4.5)

S
(3.6)

0.11
(. 003)

0.12

(. OO3)

0.15

(.004)
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the navigation subsystem digital computer. Flight control system (FCS) gains can also
be changed in a discrete manner, based on FCS mode or pilot input for the manned

_nission. For the adaptive FCS research task, the baseline FCS can accept gain
control inputs based on a d-c signal generated by an "adaptive computer" gain control.
As a result, the "adaptive computation" will not jeopardize the baseline FCS reliability;
any of the gain variation d-c control voltage inputs can be overridden either auto-
matically or manually by the pilot.

The inner loop control provides for rapid attitude rate responses to various commands,
including pilot manual inputs. The control law includes integral and displacement com-
putations as well as high frequency compensations. The outputs are surface-actuator
position command signals. Since outer-loop yaw commands are not required, yaw
control is primarily for vehicle yaw damping. Inertial sensors for inner-loop control
are floated, self-test rate gyros.

For exoatmospheric control, the inner-loop error signal, after appropriate shaping,
is processed through a threshold detector with pseudo rate feedback. Jet select logic
routes the on-off control signal to the proper jet thrustor to achieve the desired motion.

The inner-loop atmospheric FCS is triplex for fail-operational performance in all
three axes. The front-end "fault isolation and monitoring" function senses and isolates
faults occurring during flight for rate sensors and front-end electronics. All three

command signals in each axis are processed through a mid-value logic signal selector
(MVL). As a result, all three elevon pitch-roll mixing amplifiers see the same con-
sistent axis command signal, even in the presence of a front-end failure.

Unit descriptions.- The electronic FCS for atmospheric and exoatmospheric control
is made up of three units: the Pitch Autopilot, Lateral Autopilot, and Command Coupler.
Functional high-density, but readily maintainable, packaging is used. The electronics
consist of hybrid microcircuit discrete-embedded modules, mounted on removable
card assemblies.

Pitch autopilot assembly: This fail-operational unit contains:

(1) Three miniature, precision pitch rate gyros. The gyros include spin
motor detection signals and self-test torquers.

(2) Signal demodulation and adjustable inner-loop control laws with control
stick inputs.

(3) Precision gain multipliers for inner-loop gain variation. They are
addressable by external as well as internally generated gain changing
commands.

(4) A low impedance interface with the atmospheric actuator assembly.

(5) On-off command signals for exoatmospheric jet reaction rocket control.

(6) Telemetry signals.
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(7) Failure status reporting.

(8) Roll-pitch elevon command mixing.

Lateral autopilot assembly: This fail-operational assembly consists of:

(1) Six miniature precision rate gyros, three for roll rate and three for yaw
rate. The gyro orientations are adjustable to provide any degree of yaw-
roll coupling desired. The gyros include spin motor rotation detection
signals and self-test torquers.

(2) Signal demodulation and adjustable inner-loop control laws with roll and
yaw control stick inputs.

(3) Precision gain multipliers for inner-loop gain variation. They are
addressable by external as well as internally generated gain changing
commands.

(4) A low impedance interface with the atmospheric actuator assembly.

(5) On-off command signals for exoatmospheric reaction rocket control.

(6) Telemetry signals.

(7) Failure status reporting.

(8) Roll-pitch elevon command mixing.

I

I

I
Command coupler assembly: This unit contains:

(1) Adjustable outer-loop control laws.

(2)

(3)

(4)

Precision gain multipliers for outer-loop gain variation. These are
addressable by external as well as internally generated gain changing
commands.

Guidance error processing.

Three accelerometers for inner-loop gain variations.

3. Honeywell Recommendations

Three possible approaches which meet or will meet the HL-10 requirements with
minimal modification are: (1) the MH-96 adaptive flight control system which has
been flight-proven and is still operational in the X-15, number 3, (2) the MH-132
which was developed, fabricated, and environmentally tested for the X-20, and (3)
a mieroelectronic version of the MH-132, the circuits of which have been mechanized
and tested.
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MH-96 (X-15). - The MH-96 adaptive flight control system provides for both aero-
dynamic and reaction control with automatic blending to minimize onboard fuel con-
sumption. The system is dual-redundant with fixed gain backup which, along with the
adaptive gain changer, meets the fail operational requirement. Redundant adaptive
gain changers, which are mechanized in all three axes (roll, pitch, and yaw), adjust
for control surface effectiveness changes regardless of the reason for the change. The
main components of the MH-96 system are:

DGG124B1 function selector (primarily stability augmentation)

I

I

I

I

I

DGG127A1 function selector (primarily outer loop modes)

DBG183A1 adaptive controller

DLG56B1, DLG59A1, DLG60A1
dual-redundant stick and rudder pedal displacement pickoff
assemblies

DVG26A1 (two per system) DVG27A1 solenoid valve assemblies
(for hydrogen peroxide reaction system)

DGG182A1 dual normal accelerometers

DGG183A1 dual lateral accelerometers

603R071G02 three-axis rate gyro assembly (two per system)

g
DSG29A1

DSG27A1

solenoid held engage switch

control stick steering button

I

I

I

Also, two automatic airborne checkout equipment (DUG1331A1) and one ground test
unit (DUGll20A1) were provided for the X-15 flight program.

MH-132 (X-20 Dyna-Soar).- The MH-132 self-adaptive flight control system provides
a combination of aerodynamic surface control, reaction control, and thrust vector con-
trol to augment both dynamic and static stability in addition to providing a damping
function. The system has four basic control modes:

(1) Manual direct (fly-by-wire)

n
(2) Manual-augmented (self-adaptive)

(3) Pilot-selectable (fixed gain augmented)

i

I

(4) Automatic (tie-in to guidance system).

A hybrid dual-triple redundant mechanization, in which the electronics are triplicate
while the sensors and actuators are duplicate, provides a high mission reliability and
fail-safety in the event of any single failure. The self-adaptive circuitry in each of
the three control axes is similar to that of the MH-96 (X-15) system, with certain

• • II •

... g-..
I •• °•• : °•: : •'• _R 71

000

000

000

000 O• 000

131



•ii ".".."..-..:"-" I
improvements and refinements incorporated. The MH-132 consists of the following I
components:

BG197A1A electronic computer I
I

CG138A1A control mode selector

CG139AIA control trim selector O I

GG208A1 accelerometer unit (normal and lateral axis)

GG209A1A pitch I II

GG210A1A roll rate gyro groups

GG211AIA yaw

In addition, a DUG1414B-1 bench level analyzer is used to check out the MH-132 |
flight control system equipment. !

MH-132 (Microelectronic Version).- The microelectronic version of the MH-132
is functionally identical to the MH-132. The difference between the two systems
involves only the electronic computer mechanization.

In the past two years, studies have been made in simplifying and improving the
reliability of electronic circuits through the use of integrated circuits. Circuits
similar to those of the MH-132 have been under evaluation for more than a year and
now represent state-of-the-art mechanization. In the microelectronic version of the
MH-132, use of integrated circuits is proposed only in those cases of proven capa-
bility. A completely microelectronic computer mechanization would be smaller and
lighter, but it would also require more development effort and a higher risk element.
It is anticipated that HL-10 microelectronic equipment and requirements will be
verified through hardware contract work being performed on the C5A.

An automatic flight control system consisting of a stability augmentation system and
autopilot with three channels in each of three axes will be built in 1967 and tested in
1968. The estimated system characteristics are summarized in table 21.

4. Autonetics Recommendations

The functional interface of the FCS is shown in figure 67 with the electronic FCS
indicated within the dashed-line enclosure. The proposed FCS is comprised of three
major elements: sensor package, pilot controller transducers, and a control computer.
The sensor package, pilot controller transducers, and the exoatmospheric control
portion of the control computer are assumed as common to all systems whether baseline,
alternate, or experimental.

The remainder of the FCS, the control computer during atmospheric portions of
flight, has four considerations. First is a baseline system having three independent,
parallel channels for each axis with voting in the servo valve portion of the hydraulic
actuators. Second is an alternate system designated Tripple Redundancy Incorporating
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Self-Adaptive Failure Exclusion (TRISAFE), having three channels per axis with
numerous common tie points throughout the electronics. Third is an adaptive SIDAC
system which identifies parameters for adaptive control experimentation. Fourth is
a digital system for experimentation. Their characteristics are summarized in
table 23.

Baseline system and common components. -

Exoatmospheric control: Attitude control during the exoatmospheric portion of the
mission may be achieved by several different combinations of subsystems. Since the
use of a rate gyro is indicated for atmospheric entry, it will be retained for attitude
control. However, the use of derived rate, analog or digital, would normally be
adequate for attitude control.

The performance to be expected from the attitude control system is a function of
sensor accuracy, system electronic gains, dead-zone setting, vehicle inertial pro-
perties, and jet thrustor sizing. No problems are foreseen in meeting the specified
performance requirements (Part IV).

Baseline components: The electronic components, the functional electronic cards,
sensors and the packaging are similar to those subsequently described for the TP_AFE
control computer, with the exception that each redundant channel for the baseline system
will be mechanically isolated and electrically isolated with separate power supplies.

I
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FIGURE 67. FLIGHT CONTROL SYSTEM FUNCTIONAL INTERFACE
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Sensor packages: The sensor package is regarded as the same for all considerations:

baseline, alternate, adaptive, and digital.

Rate gyro package: The TRISAFE rate gyro package size is 5-1/2 by 6 by 2-3/8

inches, and its weight is 4-1/2 pounds maximum. It contains three rate gyros with

the same alignment, and identical units are used for pitch, yaw, and roll rate sensing

by varying the mounting alignment in the aircraft. Within the unit, a base plate is

employed for mounting the following components: three rate gyro modules; three

chokes for pickoff phasing; three spin-motor phasing capacitors; three power trans-

formers (115 to 26 V) for spin motors and pickoffs; and three trimming networks. The

rate gyro modules are rugged subminiature, fluid-damped units with temperature-

compensated damping and self-test features which include a spin-motor rate detector

and a d-c gimbal torquer. The gyros exhibit adequate characteristics to fulfill mission

requirements.

Linear accelerometer package: The linear accelerometer will be used in the

TRISAFE configuration to measure accelerations. The accelerometers are a sub-

miniature, solid-state design. This solid-state design consists of a flexible silicon

beam attached to the frame, with a seismic mass attached to the free end. Piezo-

resistive strain elements, diffused in each side of the beam, provide an electrical

output proportional to acceleration. This simple construction, without moving mechani-

cal parts, is conducive to high inherent reliability.

Each unit contains a forcing coil for self-test purposes. The triple accelerometers

for a given axis are contained in a single package. Each package weighs approximately

2.0 pounds and is 3-1/2 by 2 by 1-1/2 inches in size. A separate l15/26-volt, 400-cps

power transformer is associated with each accelerometer.
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TABLE 23. SUMMARY OF FCS PHYSICAL CHARACTERISTICS

Control system Size, Weight, MTBF,
component inches pounds Power hours

Common Components

Rate gyro packages (3)

Accelerometer

package

Pilot controller
transducers

Control Computers

Baseline

Control Computer

Alternate-TRISAFE

Control Computer

SIDAC Adaptive
Computer

Digital flight
control system (2)

5-1/2 by 6 by 2-3/8
x (3)

3-1/2 by 2 by 1-1/2

13-1/2 115 V, 400-cps,
6O W

30 Vac ordc,

Included in Computer
MTBF

Included in Computer

1-1/2

0.9W MTBF

Included in Computer
MTBF

8 by 5-1/2 by 13

8 by 5-1/2 by 15-1/2

12 by 5-1/2 by 15-1/2

(0.2 cu ft) x (2)

16

18

25

26

115 V, 400-cps,
16W
28Vdc 5W

115 V, 400-cps,
18 W

28 Vdc, 5W

115 V, 400-cps,
25W

90 W

710 (each channel of
each axis)

0.9 x 10 7 (1-hr mission)

0.9 x 10 6 (10-hr mission)

3 x 10 7 (1-hr mission)
3 x 10 U (10-hr mission)

1.2 x 10 7 (1-hr mission)
1.2 x 10 u (10-hr mission)
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Approximately 200 units have been produced over the last two years. It has been
used on several military programs and flight tested in the Raytheon Hawk missile.

Force and position transducer: The existing pitch force transducer has an adjust-
able deadband feature that allows the deadband to be adjusted to zero. The electrical
output is a potentiometer excited by a d-c voltage.

The linear position transducers are mounted across the rudder bungee spring and
provide a triple redundant electrical output proportional to control position or spring
pressure. This unit is provided with three independent position transducers in each
package. Center tap on the secondaries provide self-test capability.

TRISAFE computer.- The alternate TRISAFE gain scheduling system for atmos-
pheric control employs body-referenced acceleration-derived gain adjustment for
hypersonic flight and dynamic pressure-derived gain adjustment for speeds below
hypersonic. Some of the features of this system and, finally, its developmental status
are described below:

TRISAFE redundancy: _:://_etl_.pf:_chieving redundancy will provide a higher
MTBF than the single end point comparison method; it is achieved as a result of the
high redundancy efficiency. TRISAFE has been so named because failure correction
takes place without any predetermined decision process.

Switch fading: During the transition between manual and automatic control or during
the transition from acceleration to air data gain scheduling, error signals may be
present which can cause significant switching transients. They are confusing to the
pilot and may be interpreted as a failure by him. By providing a controlled transition
from one mode to another, the transient is minimized.

High bandwidth stability augmentation: The purpose of high bandwidth is to minimize
the effect of aircraft parameter variations on control system performance for a given
value of the scheduled gain. To achieve this, it is necessary to feed back all the vehicle
states, either directly or as derived from a sensor output. The degree of success in
fully achieving this goal is usually dependent upon the vehicle aeroelastic character-
istics and the control movement device response characteristics.

Input signal processing: For a manned vehicle which operates in exoatmosphere
conditions, in the atmosphere with high dynamic pressure associated with abort con-
ditions, and at low dynamic pressure associated with the critical landing task, it is
important that the pilot have direct control over that variable which is important during
the various flight conditions. Pilot input signal shaping is an aid in achieving this and
in achieving minimal variation in response of the desired output variable to his input.
In the automatic mode, input signal shaping will minimize steady-state errors without
significantly influencing the basic stability augmentation system bandwidth.

Dynamic pressure gain scheduling: Below hypersonic speeds, dynamic pressure
is estimated to vary over a wider range than the variations in control surface movement
effectiveness due to Mach number. Considering the usable range of lift coefficient,
bank angle range required for maneuvering, landing speed, off-nominal conditions,

I
:'" "::i

i • • • •• ° o _ • • ooe, 00 .00 o .o" " o. E_144_1_7 •

OO0

•O0

• • • •O0

• O0 O0 OOO

135



and trajectory overshoot, a 6-to-1 range in dynamic pressure is possible. The estimated
aerodynamic data indicate a 3-to-1 variation in pitch control surface moment derivative
due to Mach number. Therefore, it is recommended that dynamic pressure gain schedu-
ling should be used below hypersonic speeds and that the high bandwidth characteristics
should be used to minimize the Mach number effects.

Development status: The ability of the TRISAFE mechanization concept to compen-
sate for failures has been demonstrated by all units used in a flight control system.
Examples are sensors, signal shaping networks, gain scheduling, and hydraulic
actuation. The output of these units and the complete autopilot exhibits negligible
change in response due to many types of multiple failures within the unit.

The TRISAFE mechanization concept has been under development at Autonetics for
several years. A pitch channel system has been successfully tested and evaluated by
the Air Force. This, in turn, has led to the current Air Force-funded contract to
design, develop, and flight test a demonstration model in the F-101B aircraft. This

system, which will control the pitch and yaw axis, will have provision to simulate many
failures while in flight to demonstrate the fail-operational capability.

SIDAC adaptive computer.- Operational requirements of entry lifting bodies may
require an adaptive control system to adjust for wide variations in environmental
conditions. Among many types of adaptive control, the concept of parameter identi-
fication called SIDAC appears promising. In this concept, the outputs from a rela-
tively simple parameter tracking computer are used to adjust parameters in a flight
control system, thereby compensating for variations in airframe dynamics. The system
not only works in the presence of load disturbance noise, but utilizes it as well as con-
trol commands in the identification process. This is made possible by the inclusion of
disturbances or wind gust terms in the identification model. Figure 68 shows the block
diagram of a pitch-axis SIDAC system.

The system's ability to function with almost any type of disturbance is a direct con-
sequence of the airframe being represented in its true form as a multivariable system,
thereby accounting for all inputs and outputs. Implementation of the multivariable
approach proceeds as follows:

(1) The differential equations describing the airframe motion are written in
conventional form.

(2) All inputs and outputs which are not easily measured are eliminated
algebraically.

(3) An error expression is formulated for the aircraft model. If the unknown
coefficients of the error expression are adjusted to their true values, the
error becomes zero.

(4) The coefficient of each of the measured variables is adjusted automatically
by a standard gradient approach to drive the error toward zero. As the
error approaches zero, the parameters approach the correct values.

(5) The parameter values are then used to adjust the gain and compensation
of the control loop.
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The aircraft model equation can be represented by:

=b 1 N z +b 2 9 +b 3 6

If the b's are correct, the equation becomes:

0 = X 0 + b_ X i

i i=l

If the b's are incorrect, an error equation is formed by:

3

o_-__ x_
i--1

l

l

l

l

where

1
b7 = b. - b*

1 1 1

b* = estimated value
1

b. = exact value
1
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The adjustment of the desired b. coefficient is accomplished by:
1

b. = -2Ke X---_
1 1

The coefficient b3 approximates the elevator effectiveness. It is approximately

proportional to .dynamic pressure divided by moment of inertia. Hence, the gain in

the stability augmentation loop is adjusted as a function of 1/b 3.

The washouts on the instrument outputs are employed to eliminate trim and bias
information. The noise filters are used to reduce the effects of sensor noise and
dynamic cross-coupling effects from other axes.

The proposed SIDAC computer is used as an adjunct to the alternate control
system. It is used in place of the body-fixed accelerometer or air data information
to provide control loop gain adjustment.

Development status: The SIDAC concept has been developed under contract to the
Air Force. Many simulation studies of the system have been conducted both by the
Air Force at Wright-Patterson Air Force Base and by Autonetics, using X-15 and
X-20 vehicle dynamics. Presently, the system is being mechanized in the TRISAFE
format for flight testing in early 1967 on an F-101 aircraft under the sponsorship of
the Air Force.

Digital control computer.- Digital computers have long been used in airborne vehicles
to perform complex guidance calculations. However, not until the late 1950's was the
idea conceived for forming flight control calculations in conjunction with guidance calcu-
lations. The concept was successfully implemented by Autonetics in the design of the
digital computer for the Minuteman ICBM. The soundness of this approach to flight
control was demonstrated by the success of the first Minuteman flight test missile in
1961 and the subsequent large number of successful flights. Presently, it is the only
operational vehicle in the USA employing a digital flight control system.
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Despite these successes, however, digital control systems have not been used on

manned aircraft. Primarily, this has been due to the high costs of digital systems,
especially when the requirements of fail safety/fail operability were imposed. However,
because of recent technological advances in microelectronics, this is no longer a valid
reason. Not only are significant reductions in costs occurring, but also reductions in
power and size--all of which will make near-term digital flight control for manned
aircraft a reality.

The key to an operational manned digital flight control system is its fail safe/fail
operational characteristics. It is proposed, therefore, to evaluate such a mechani-
zation experimentally. To provide a realistic simulation of an operational flight con-
trol system, separate digital flight control computations should be performed by the
experimental system rather than by a central computer. In other words, the guidance
and control calculations should be separated because of the different requirements
imposed on the flight control system for manned applications. Moreover, the sepa-
ration of the flight control and guidance computations is expected to be the more cost-
effective mechanization approach for operational systems.
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For digital control systems, fail safe and/or fail operational operation can be
• achieved by utilizing either one, two, or three computers in conjunction with the in-

herent self-test capability of a digital computer. Several approaches are possible.
For fail safe digital mechanizations, the candidates are: (1) a single computer with
self-test capability and (2) dual computers with monitor.

For fail safe/fail operational digital mechanizations the candidates are: (1) dual
computers with self-test capability and (2) triple computers with monitor.

The preferred approach for the experimental system is dual computers with self-
test capability. In this approach, one computer is primary and the other is secondary.
The primary computer supplies the command signal to the actuation system, while the
secondary computer provides an output signal for comparison with the output of the
primary computer. If a discrepancy exists, the secondary computer, which is con-
tinuously under self-test, determines whether its output is valid or not. If valid, it
removes the primary computer and inserts itself into the role of providing the system
command signal. For the case of an invalid check, the primary computer continues
to supply the command signal.

In summary, the purpose of the experiment would be twofold: (1) to evaluate the
ability of a digital system to provide fail safe/fail operational characteristics similar
to an analog system (e. g., TRISAFE) and (2) to evaluate the stability and dynamic
performance of the system.

Development status: The computer previously described has been developed and
flight tested. Although it was not specifically designed to perform flight control com-
putations, it has sufficient capability to do so. It is therefore suited for use in an
experimental type flight control system. For operational systems, Autonetics will
have under development in early 1967 a digital computer designed specifically to the
flight control requirements of manned aircraft. The development of such a computer
will make economic use of digital control possible for future operational vehicles.
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G. FLIGHT CONTROL ACTUATION SYSTEM

The primary flight control surfaces, elevons, and rudders are actuated by a dual
hydraulic system, consisting of two independent hydraulic subsystems which provide
the required redundancy. Each individual subsystem is designed for the loads associ-
ated with normal entry and landing, and both subsystems together are designed for the
loads associated with ascent abort. In normal operation, both subsystems are active
and share the load at the actuator.
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1. Hydraulic System I

Each hydraulic subsystem consists of an electric motor-driven hydraulic pump, a
reservoir, an accumulator, filters, miscellaneous valves and instruments, and one-
half of a dual tandem servoactuator for each elevon and rudder surface (fig. 69). The

motor pump and reservoir are packaged as a unit to facilitate heat transfer and to re-
duce the number of external connections and external seals. This unit also includes

provisions for evaporative cooling of the motor, pump, and fluid. The return line
filter, the relief valve, the fill ports, instrumentation, and miscellaneous components
are packaged as a unit to minimize the number of external seals and connections. Each
servoactuator unit consists of pressure line filters, electrohydraulic servo valves,
transfer valves, and switching logic. The piston-type accumulators connect to the filter
unit but are mounted separately.

The ten major components of the system are interconnected with stainless steel
tubing. Fittings and connections are permanently brazed to reduce weight and reduce
the possibility of external leakage (Aeroquip Space-Craft fittings or equivalent). Flex-
ibility at actuator connections is provided by coiled tubes or swivel joints.

The system weights are as shown in table 24. The motor pump unit weight and the
servoactuator weights are based on vendor proposals. Other weights are based on
similarity to standard components.
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TABLE 24

FLIGHT CONTROL ACTUATION SYSTEM WEIGHTS

Weight

Name and description IbM kg

Motor pump units including reservoir (2) ....... 92 41.8

Accumulators, piston type (2) ............. 14 6.4

Filter units including miscellaneous components (2) 20 9.1

Servoactuators, elevon (2) ............... 90 40.9

Servoactuators, rudder (2) ............... 50 22.7

Plumbing, lines and fittings .............. 30 13.6

Hydraulic fluid ..................... 22 10.0

Actuators, mechanical and elevon flap (2) ....... 34 15.4

Actuators, mechanical and tip fin flap (4) ....... 36 16.7

Supports and miscellaneous ................ 32 14.6

Total system ............... 420 191.2
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The hydraulic system is a 3000 psi (20.68 MN/m2), high temperature, aircraft l_y-

draulic system in general accordance with specification MIL-H-8891. The hydraulic
fluid is a deep dewaxed, superrefined mineral oil, in accordance with specification
MIL-H-27601A, which is being used successfully in the PRIME vehicle.

The pump flow rates and the motor input current and power for the various phases
of flight are shown in table 25. Motor input power is at a nominal 26 volts dc.

TABLE 25

HYDRAULIC FLOW AND POWER INPUT (PER SUBSYSTEM)

Pump flow
Current, Power,

Operating phase gpm m3/sec amperes kw

Peak (rated) 5.80 366 x 10 .6 473 12.30

Standby 1.08 68 182 4.73

Entry 1.62 102 216 5.60

Landing 2.85 180 290 7.55

Other hydraulic system inputs are electrical control signals to the electro-hydraulic
servo valves in each servoactuator, and cooling water to each motor pump unit.

2. Motor Pump Unit

The motor pump unit consists of a pressure compensated hydraulic pump, a self-
pressurizing reservoir, and a direct current electric drive motor. These items will
be packaged as an integrated unit which includes provisions for cooling of the motor
and the hydraulic fluid.

The pump supplies flow rates of up to 5.8 gpm (0. 000366 m3/sec) at a pressure of

3000 psi (20.68 MN/m2). The pump operates with fluid temperatures of -20 ° to +450 ° F.
The design duty cycle consists of nominal operation at 45 percent of rated flow, with
peaks to 100 percent of rated flow for one second in every 30 seconds. The design
operating time per flight will be 60 minutes (3600 sec).

The motor operates on an electrical input of 26 volts dc, and includes a radio noise
filter. The unit will be functional during and after exposure to a sheltered space vac-
uum environment for periods of up to 8 hours.

The self-pressurizing reservoir has an active volume of 240 cubic inches (0. 00393

m 3) to allow for fluid expansion and accumulator action.

Configuration. - The motor pump unit selected for the D/3 vehicle is a Pesco Model
No. 115096-100. This unit was proposed by Pesco Products Division of Borg-Warner
Corporation to meet the specified HL-10 requirements (ref. 7}.

142

O•O •O

O•O • •

:o: :.:...:
0•0

0• :•O

;'"" "'"" "'""'"E

II

Oil

II

t

l

l

l

l

l

l

l

l

I

l

I

l



D

O0

5 <

I
i • I/ ,• I_ "

A

v

I(

ER 14471-7

000

00_

00_

000

143



The externalconfiguration of theunit is as shownin figure 70.
unit is 45.6 pounds(20.7kg) dry.

ooo

oeo

ooo

ooo

The weight of the

The manifold casting, located in the center of the unit, contains the mounting face,
the pump rotating parts, the fill and bleed ports, and the pump inlet and discharge
ports. The electric motor and hydraulic reservoir are also mounted to the central
casting. The pump is of pivoted barrel design and operates totally submerged in the
reservoir. The electric motor drives the pump through a splined coupling. The pump
and motor are integrated in such a way that one of the motor bearings also serves as
a pump bearing. The radio noise filter is attached to the electric motor. The elec-
tric power terminations are pigtail leads attached to the radio noise filter.

The motor pump unit is self-contained and requires no additional external compo-
nents. The unit provides its own hydraulic pressurization system at startup and is
immediately responsive to all flow demands up to rated flow when supplied with elec-
tric power at 26 volts dc. During periods of storage_ the reservoir maintains an inter-

nal hydraulic pressure of 5 psig (34.47 kN/m 2) at normal fill levels.

Hydraulic fluid is sealed at the drive shaft interface by a spring-loaded and pressure-
balance seal disc rotating against a stationary carbon seal face. There are only two
external high pressure static seals, one at the high pressure service port and one at
the pump displacement control valve. There are three pressure seals, one at the low
pressure service port, one at the system return port and one at the hydraulic reservoir
flange.

The variable displacement hydraulic pump is infinitely variable between the rated
flow and zero flow. The displacement is controlled by a pressure-responsive com-

pensator which operates on a differential of less than 100 psi (0.69 MN/m 2) above the
rated pressure. The pump contains five pistons within a rotating barrel which is
inclined at an angle with respect to the pump drive shaft. This angle establishes the
pump displacement. The lightweight pistons are of a unique spherical design incor-
porating line-contact piston rings to reduce piston contact with the cylinder wall and
provide zero piston-bore clearance. Pistons of this design are insensitive to contami-
nation. This pump is similar to the pump used on the first stage of the Minuteman
missile.

The proposed motor is designed and fabricated by Pesco. It is a direct current,
ungrounded, series-wound explosion-proof machine incorporating design features and
processes developed and proven in missile and aircraft applications. The motor will
utilize Pesco's "E" frame (4.75-inch diameter, 0. 121 m) laminations, comutator and
other miscellaneous hardware from production tooled designs. The stat_r housing and
bells, water jacket, and radio noise filter will be detailed as necessary to meet the
application. The motor will be sealed to retain an internal atmosphere when subjected
to an external vacuum.

The reservoir is a bellows type, operating on the "bootstrap" principle. The swept

volume of the reservoir is 240 cubic inches (0.00393 m3). The bellows assembly is

fabricated of stainless steel completely welded into a single unit. The flexible bellows
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act as a spring to maintain a constant pressure on the fluid in this system while inoper-
ative. The reservoir completely encompasses the pump, submerging it in hydraulic

-fluid. There is one external hydraulic static seal at the joint between the reservoir
and the unit manifold housing. A seal wiper ring is incorporated to eliminate the pos-
sibility of airborne contamination entering the area between the inner shell and the

bellows. Graduations on the side of the inner Shell provide a visual gage of reservoir
fill level.

A dual-channel radio interference filter will be provided on the motor to suppress
generated noise to within the limits of MIL-I-26600. The filter will utilize circuit
techniques and components developed on similar applications to provide maximum atten-
uation with minimum size and weight. The components will have demonstrated capa-
bilities at the anticipated operating temperatures expected in this application.

Performance. - The rated delivery and pressure of the motor pump unit is 5.8 gpm

(0. 000336 m3/sec) at 3000 psi (20.68 MN/m2). The rated inlet pressure to the pump

is 55 psi (0.38 MN/m2), which is supplied by the self-pressurizing reservoir. A

minimum system flow of 0.5 gpm (0. 00003 m3/sec) ,is necessary to provide pump cool-
ing. The anticipated unit performance characteristics are shown in figure 71. The
power loss and the overall "wire to oil" efficiency are shown as a function of output
flow. The power losses for this unit are approximately 5 percent higher than the losses
assumed by the pump model curves used in the tradeoff studies. The motor is designed
to deliver 12 horsepower at 7500 rpm, and 7.5 horsepower at 8500 rpm with an input
of 26 volts dc.

The operating life of the unit will be 36 hours at the specified operating duty cycle.
This is a conservative estimate based upon the 50-hour operating life achieved by a
similar unit. The estimated mean-time-between-failure (MTBF) for the unit is 200
hours, based upon actual reliability performance demonstrated by a similar unit.

Development status. - The proposed motor pump unit is a new package design based
on the component designs used by Pesco in the Minuteman and Polaris missile hydraulic
power units. Actual data from the Stage I Minuteman units were used as a basis for
establishing anticipated performance, life, and MTBF values for the proposed unit.

Alternate sources. - The motor pump unit could be developed by other contractors
in addition to Pesco whose proposed unit has been described. Vickers Incorporated,
Division of Sperry Rand Corporation, is in the process of developing and qualifying
a pump model PV3-022 which may be suitable for this application. At the time of this
study, however, Vickers was unable to supply size, weight or performance data for
the complete motor pump unit.

3. Hydraulic Servoactuators

The hydraulic servoactuator (the unit} is a dual tandem actuator which receives hy-
draulic power from two independent hydraulic subsystems and receives electrical com-
mand signals from a fly-by-wire flight control system. The unit contains the servo
valves, transfer valves and switching logic necessary to continue safe operation in the
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event of any single failure. Both of the redundant hydraulic subsystems are active
simultaneously and share the load at the actuator. A failure in either subsystem will
cause that subsystem to be switched out.

The unit operates with hydraulic input pressures of 3000 psi (20.68 MN/m 2) and

hydraulic fluid temperatures of -20 ° to +450 ° F. The unit has rate and response char-
acteristics consistent with use on a high performance flight vehicle. Total operating

time per flight will be 60 minutes (3600 sec). The unit will be functional during and
after exposure to a sheltered space vacuum environment for periods of up to 8 hours.

The actuator uses equal-area pistons and four-way servo valves. The elevon actu-

ator has an area of 6.67 square inches (0. 0043 m 2) per subsystem, a stroke of 8 inches

(0. 203 m) and a no-load rate of 3.14 inches per second (0.080 m/sec). The rudder

actuator has an area of 3.14 square inches (0. 002m 2) per subsystem, a stroke of

4 inches (0.102m), and a no-load rate of 2.1 inches per second (0. 051 m/sec).

Configuration. - The servoactuators selected for the D/3 vehicle are Hydraulic Re-
search and Manufacturing Company part numbers 30001250 and 30001260 for the elevons
and rudders, respectively. These actuators were proposed by this company to meet
the specified HL-10 requirements.

The outline dimensions and weights of the actuators are shown in figure 72. Each
actuator consists of a dual-tandem power cylinder, three electrohydraulic servo valves,
two engage valves, and logic circuitry.

Functional operation.- The servoactuators incorporate a hydraulic logic system
which operates to disconnect either of the redundant hydraulic subsystems in the event
of a failure in that subsystem. The logic mechanization is based on measurement and
comparison of servo valve power spool positions. The actuator functional diagram is
shown in figure 73.

The actuator has two active command channels and one monitor channel. Each ac-

tive channel consists of a conventional two-stage servo valve which connects, through
an engage valve, to one-half of the tandem cylinder. The monitor channel consists of
an identical servo valve which provides the third position reference. Each servo valve
has a monitor which is used to measure spool position and transmit a pressure signal,
proportional to the power spool stroke, to the comparators. Each comparator receives
signals from a pair of monitors and detects any phase or amplitude difference between
them. A disagreement of phase and/or amplitude will cause the comparater output to
change. This output change is used to drive the engage valves which operate to dis-
connect control pressure of the failed channel from one-half of the tandem cylinder and
to bypass that half of the cylinder to return.

A failure in channel 1 appears as a disagreement in both comparators 1 and 2, and
causes the engage valve 1 to close. A failure in channel 2 appears as a disagreement
only in comparator 2 and causes engage valve 2 to close. A failure in the monitor
channel appears as a disagreement only in comparator 1 and causes neither engage
valve to close. Electrical switches in the actuator will provide an indication when a
failure is detected.
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SYM. ENVELOPE DIMENSION UNITS

AREA PER SUBSYSTEM SQ. IN.

B STROKE, TOTAL IN.

C LENGTH, NOMINAL IN.

D OUTSIDE DIAMETER, MAX. IN.

E MAX. IN.

F MAX. IN.

G MIN. IN.

H MAX. IN.

J MAX. _N.

WEIGHT LBM

ITEM l ITEM 2

(ELEVON) (RUDDER)

6.67 3.14

8.0 4.0

40.0 24.0

5.0 3.5

5 .O 4.0

5.0 4.0

_o.0 6.0

20.0 I4.0

34.0 20.0

45.0 25.0

I FIGURE 72. HYDRAULIC SERVOACTUATOR
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No separate tandem power spool is used. Both active channel servo valves control
the actuator directly. In such arrangements, a force flight always exists between the
channels when both servosystems are not in exact agreement (null shifts, etc.). These
problems are overcome in this system by:

(1) Reducing the servo valve pressure gains to those of a normal power spool.

(2) Significantly reducing random null shifts by improved design techniques and
much tighter internal feedbacks.

(3)

(4)

Using an upstream electrical voter to pass only one signal to all channels
(also improving the failure-mode analysis for the total system).

Designing the system so that when one channel drifts outside of an acceptable
tolerance the hydraulic logic automatically rejects that channel and the re-
maining channel continues in control.

Alternate source. - The servoactuators could be developed by other contractors in
addition to Hydraulic Research whose proposed units have been described. Moog Incor-
porated also submitted recommendations for servoactuators for the HL-10 application
(ref. 8).

Moog recommended a three-channel, majority voting, dual system, single-piston
design. This basic design has been developed at Moog, and hardware has been built
and evaluated for NASA-Huntsville under contract NAS 8-11998 (ref. 9).

This basic actuator design is also being developed for use on three stages of the
Manned Orbital Laboratory (MOL) booster. The three-channel majority-voting type
actuator was selected for the MOL after a study compared various redundancy approaches

(ref. 10).

The actuator for the MOL program includes provision for operation on either of two
supply pressures, with automatic supply pressure switchover (or switch back) incor-
porated within the servoactuator package. This actuator differs slightly from the
HL-10 requirement in that a tandem, load sharing, cylinder-piston is not used.

This single-piston actuator design would require that the actuator, and each of the
hydraulic subsystems, be sized to meet the full abort hinge moments, rather than one-
half of the abort moments required when a tandem-piston actuator design is used.
This would result in a greatly increased power requirement.

As an alternate design, Moog suggests that a three-channel, majority voting, tandem-
piston design could be developed. This design would be essentially identical to the MOL
design except that a tandem second stage spool would be used to power a tandem piston,
and hydraulic source pressure logic would be applied to the first stage only (i. e., the
three-channel, majority voting first stage would be driven by either of the dual sources,
with preference determined by a transfer valve). This concept would fulfill the HL-IO
requirements.
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4. Filter Package 

The filter package contains the return line filter, the system relief valve, fill ports 
with shut-off valves, and pressure and temperature transducers. These components 
a r e  assembled into a common manifold to eliminate interconnecting tubing and reduce 
the number of external seals. The relief valve and shut-off valves a r e  of the cartridge 
type. 

The filters will provide filtration of 10 microns nominal and 25 microns absolute. 
The filters have a pressure drop indicator button to indicate when the pressure drop, 
due to contaminants, reaches a predetermined value. 

A temperature sensor with a range of 0 to 450" F is provided to monitor the fluid 
temperature in the return line. A pressure transducer with a range of 0 to 4000 psi 
(27.58 MN/m2) is provided to monitor subsystem pressure. A pressure switch gives 
a warning to the pilot when subsystem pressure drops below a predetermined value. 

I FIGURE 73. SERVOACTUATOR FUNCTIONAL DIAGRAM 
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H. PROPULSION AND ORDNANCE

The propulsion subsystems for the D/3 vehicle are: (1} the integral abort/deorbit
and (2) the integrated reaction control system and landing assist system (RCS/LAS)
subsystems. Design and performance criteria for these subsystems, as well as the
general analytical approach used in determining such criteria, are contained in Part IV,
section VI-H. The 25-foot D/3 entry vehicle was used as the example to illustrate the
techniques employed in Part IV to develop the propulsion subsystem parametric data.
In consideration of this, the calculations for determining propellant quantities, thrust
levels, burning times, and similar parameters will be omitted from this present section
of the report. However, pertinent data are extracted for tabulations and discussions in
the following paragraphs.

!

!

!

o|

!
The ordnance subsystem for the D/3 vehicle provides many of the same functions

for which pyrotechnics were used on the Gemini spacecraft. The design described in
subsection 3 overlaps a number of other D/3 subsystem descriptions and, therefore,
the discussion of ordnance is limited to a functional description.

1. Abort/Deorbit Propulsion

The abort/deorbit propulsion subystem for the D/3 entry vehicle consists of two
pairs of spherical solid propellant rocket motors. These motors are located in a
short section of the adapter for the entry and launch vehicles (fig. 19).

Each motor in one pair, designated 1 and 2, is sized to produce the required im-
pulsive velocity of 130 + 1.3 fps (39.6 m/sec} to the orbiting vehicle for the deorbit
function. In addition, _ese same motors will have a combined thrust level and burning
time sufficient to perform the pad abort function associated with entry vehicle shock

overpressure limitation of 7 psig (48.263 kN/m2}. The other pair of motors, designated

3 and 4, is sized to augment motors 1 and 2 to result in an impulsive velocity equivalent
of at least 520 fps (158.5 m/sec}, based on sea level rocket motor performance for all
four motors, to provide for vehicle recovery by parachute from a pad abort. In addition,
the thrust level and burning time of all four motors will be at least sufficient to perform
a successful abort at maximum "q" flight conditions for the entry vehicle shock over-
pressure limit, when fired simultaneously.

All four motors are required to provide a total impulsive velocity of at least
570 fps (173.7 m/sec) to the orbiting vehicle (at vacuum conditions) to preclude an
African landing in the event of a booster shutdown at a velocity of about 23 000 fps
(7010.4 m/sec) (see Part HI). This particular functional operation requires all four
motors to be carried to orbit velocity, thereby precluding a normal boost phase abort
motor jettisoning requirement.

The physical and performance characteristics of the spherical solid propellant
rocket motors selected for application in the D/3 vehicle integral abort/deorbit propul-
sion subsystem are presented in table 26. This table shows that the physical charac-
teristics of the selected motors are compatible with vehicle physical limitations.
Table 27 presents a comparison of the required and available performance characteris-
tics of the selected subsystem. It should be noted that the integral system arrangement
meets the deorbit impulsive velocity requirement and, in general, exceeds all others by
a small margin. All thrust level requirements, as well as the respective burning times,
are met.
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D/3 ENTRY VEHICLE ABORT /DE ORBIT MOTOR CHARACTERISTICS

Motor 1 or 2 Motor 3 or 4

Chamber pressure

Thrust, sea level

Maximum "q"

Vacuum

Isp , sea level

Maximum "q"

Vacuum

Total impulse, sea level

Maximum

Vacuum

Burning time

Propellant weight Cuseful)

1000 psi

(6.9 MN/m 2)

16 285 IbF

(72.436 kNj"

17 272 IbF

(76.826 kN)

17 836 IbF

(79.335 kN)

250 sec

265 see

274 see

51 786 lbF-sec

(0.23 MN-sec_

54 925 lbF-sec

(0.24 MN-see)

56 718 lbF-sec

(0.25 MN-sec)

3.18 sec

207.3 IbM

(94. 1 kg)

1000 psi

(6.9 MN/m 2)

18 330 IbF

_8_. 5o_ kN)

19 388 IbF

(86.238 kN)

2O 090 lbF

(89. 360 kN)

250 sec

265 sec

274 sec

64 888 lbF-sec

(0.289 MN-sec)

68 634 lbF-sec

(0.306 MN-sec)

71 118 lbF-sec

(0.316 MN-sec)

3.54 see

259.4 IbM

(117.8 kg}

Nozzle area ratio

Mass fraction

Overall length (max.)(a)

Overall diameter (max.) (a)

Overall length

Overall diameter

General (each motor)

Ignition delay (max.)--0.05 see

Reliability (rain.)--0. 994

Thrust misalignment (max.)--0.1 degree

Operational voltage range--24 to 30 Vdc

Man rated

Total impulse must be within +1% of that specified

(a) Limited by EV adapter geometry
aO 1OO •

• • 0• •

E R 14471-7

10

0.90

36 in. (0.914 m)

22 in. (0.559 m)

27.3 in. (0.693 In)

19.6 in. (0.498 m)

10

0.90

36 in. (0.914 m)

22 in. (0.559 m)

29.8in. ( 0.757 m)

21.0 in. (0.533 m)
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The selected motors have the capability to meet all the functional, performance
and dimensional requirements specified for these propulsion subsystems on the D/3
vehicle.

In the course of the parametric studies phase, the abort/deorbit motors character-
istics for a C/4 size vehicle were submitted to Aerojet-General Corporation, Sacramento
and Thiokol Chemical Corporation, Elkton Division, in the form of a preliminary sub-
system specification. Each corporation responded with recommended motor designs
and pertinent discussion relative to utilizing their previous experience and manufactur-
ing techniques (existing state-of-the-art) to permit delivery of har_-are on time and at
lowest development cost. Both manufacturers indicated that the two different motor
requirements could be accomplished within a single development program. Because of
the man-rating, installation envelope, and total impulse control (_1%) requirements, off-
the-shelf hardware was not directly applicable.

It was concluded from the data received that the motors would be approximately 5
percent heavier than expected. This increase is primarily associated with a lower
specific-impulse capability (approximately 5%) than that assumed in the parametric
phase of the present study.

Automatic motor firing sequences for abort conditions are selected by the onboard
programming equipment. Actual firing of the selected motors is accomplished by the
pilot pulling the abort control handle. For the deorbit function, the pilot can select
the motor to be used; he is also able to fire the selected motor. Each motor is tem-
perature controlled to assure that the delivered thrust and burning time meet the abort
and deorbit performance requirements.

I

I

I

Crew controls and instrumentation consist of a four-way selector switch, tempera-
ture gage, arming switch, firing switch (deorbit function), heater switch, and go-no-
go indicator light. At launch countdown the heater switch and arming switch must be
turned on. Data relative to the abort/deorbit system condition and flight programmer
motor firing sequence storage are sent to the malfunction detection system, where a
go or no-go condition is determined. A no-go condition will cause the go-no-go
indicator red light to turn on. The other controls and indicators are used to monitor
the condition of each motor and circuit and to permit the crew to select and fire the
deorbit motor.

2. Integrated RCS/LAS Propulsion Subsystem

The reaction control system (RCS) provides the means to orient and control the
attitude of the entry vehicle during phases of the mission when aerodynamic control
is not practicable. The landing assist system (LAS) provides a thrust equal to 0. 1333
times the D/3 entry vehicle landing weight, for a period of 10 seconds (maximum),
to extend the landing touchdown distance.

An integrated RCS/LAS design approach was selected, as shown schematically in
figure 74. This arrangement is a desirable compromise between the various per-
formance, weight, installation, reliability, and hardware availability arguments
associated with a multimission, reusable subsystem. Specifically, the selected
arrangement incorporates the least number of thrustor assemblies possible as well
as a common propellant and pressurization system.
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A preliminary reliability analysis was conducted to determine the effect of non-
redundant thrustor assembly utilization on subsystem mission reliability. Available
data indicated a thrustor assembly failure rate was several orders of magnitude less
than that for a propellant valve. Considering this rate comparison, it was concluded
the nonredundant thrustor assembly subsystem design selected would have a mission
reliability practically the same as that for the fully redundant design. The selected
subsystem design meets the reliability apportionment assigned to the subsystem
(see Part IV).

The RCS/LAS system will be packaged in modular assemblies to minimize installa-
tion weight (brackets, etc.) and to enhance checkout and refurbishing tasks. Squib
valves and filters are incorporated in a block assembly to minimize the number of
fluid couplings. This arrangement will significantly decrease leakage sources and
enhance refurbishing and checkout operations. A simple heat exchanger has been
incorporated in the propellant tank discharge header to provide a constant tempera-
ture pressurization gas supply to the pressure regulation subsystem. Incorporation
of the heat exchanger is recommended to preclude regulator failure during the final
LAS operating period. Analyses of various test data indicated that pressure regulator
failure may be affected by the marked decrease in pressurizing gas temperature nor-
mally encountered in the final operating period of an extended, continuous, final
thrusting phase. For this type of operation, the pressurizing gas supply does not
have sufficient time to pick up heat from its surroundings to compensate for the
work function temperature effect. Application of the simple heat exchanger will
provide a final gas temperature within a few degrees of the initial storage tempera-
ture.

The various functional operations and associated RCS/LAS propulsion subsystem
requirements are listed in table 28. Performance requirements for these functional
operations are summarized in table 29. Calculation procedure for the performance
data is presented in Part IV where the D/3 entry vehicle was used as the example to
demonstrate the application of the analytical techniques in developing the RCS/LAS
propulsion subsystem parametric data. Installation of the integrated RCS/LAS pro-
pulsion subsystem in the D/3 entry vehicle is shown in figure 75.

A preliminary subsystem specification was also prepared for the integrated RCS/
LAS propulsion subystem. This specification was sent to Kidde Aerospace and Bell
Aerosystems. Each company responded with recommended equipment applications
and minor subsystem design changes, based on their individual hardware application
or techniques.

In the case of the D/3 vehicle, all RCS, pressurization, and propellant subsystem
components are considered to be available. Some development will be required for
the LAS thrustor-catalyst bed assembly due to the higher thrust required for the
larger vehicle. Typical thrustor assemblies for the RCS application could be:

Pitch/roU--Kidde P/N 874093

Pitch/roll--BeU Model 8233

Yaw--Bell Model 8093
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7.

Entry

1.

TABLE 28

INTE GRATED RCS/LAS PROPULSION SUBSYSTEMS FUNCTIONAL REQUIREMENTS

Reaction Control System

Orbit Phase

1. Stabilization after booster separation (take out 2 °/sec angular velocity}

2. Limit cycle operation _5 ° dead bm_.d, 8-hour duration}

Retro/Pre-entry Phase

1. Maneuver for retro (180 ° pitch, 90 ° yaw, 90 ° roll; up to 6 minutes to accomplish}

2. Alignment for retro (_1 ° dead band, 2-minute duration}

3. Transient arrest during retro (3.5 second duration)

4. Maneuver for entry (180 ° pitch, 90 ° yaw, 90 ° rollup to 5 minutes to accomplish}

Stabilization after abort/deorbit package separation (null out 10 •/sec
angular velocity}

Limit cycle to pre-entry (_5 ° dead band, 20-minute duration}

Alignment prior to atmospheric entry (_1 ° dead band, 5-minute duration}

Stabilization to aerodynamic takeover _2 ° dead band, 5-minute duration)

Landing Assist System

Landing Phase

1. Modification of L/D characteristics during final landing phase

(F/VCEV = 0.1333 for 10 sec)

Selection of 90 percent hydrogen peroxide (H202) as the propellant was primarily

associated with the minimum refurbishment requirement for at least five mission

reuses. Extensive data exist to indicate that available H202 system hardware will

be able to satisfy the reuse requirement. The maximum gas temperature of approxi-

mately 135 o F for H202 decomposition products will not impose thermal insulation

problems on the vehicle. Incorporation of a thermal block between the thrustor assem-
blies and propellant valves will permit the propulsion subsystem to tolerate the normal
entry trajectory environment conditions without difficulty. Such thermal blocks are

incorporated in present H202 systems to prevent thermal feedback associated with

normal engine operation for designs where the propellant valves are close-coupled
to the decomposition chamber.

ER 14471-7 157



TABLE 29

RCS/LAS PROPULSION SUBSYSTEM PERFORMANCE REQUIREMENTS

Reaction Control Sy stem

Pitch/roll motors (4 vertically oriented motors, 2 up and 2 down, used in pairs of

same orientation for pitch and opposite orientation for roll control}

FVAC = 29 lbF each (129 N)

Minimum pulse width = 0.06 sec

Np = 240 pulses/mission (max. } in pitch

N R = 420 pulses/mission (min.} in roll

N for a thrustor = 660 pulses/mission
max

tb(max} for a thrustor = 134 sec/mission

P = 250 psi (1.724 MN/m 2}
C

Yaw motors (2 side-oriented motors}

FVA C = 58 lbF each (258 N)

Minimum pulse width = 0.06 sec

Ny = 200 pulses/mission (max. } in yaw

t_ (max) for a thrustor = 134 sec/mission

Landing Assist System

Two aft firing thrust chambers

FSL = 825 lbF (3.67 kN)

tb(max} = 10 sec/mission

Propellant (common, for both RCS and LAS usage}

Pressurized, positive expulsion system

Wp (useful} = 170 lb; 35 for RCS and 135 LAS (77.1 kg}

Isp = 122 sec

Type 90% H20 2
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TABLE 29.--Concluded

RCS/LAS PROPULSION SUBSYSTEM PERFORMANCE REQUIREMENTS

Operating pressure = 412 psia (2. 841 MN/m 2)

Volume = 3800 cu. in. (0.111 432 m 3)

Temperature = 60 o F to 80 ° F (289 to 300 ° K)

Pressurant

Weight stored 5.92 IbM (2. 685 kg)

Type N2 gas

Initial storage pressure = 3000 psia (20.684 MN/m 2)

Final storage pressure = 600 psia (4.137 MN/m 2)

Storage tank volume = 710 cu. in. (0. 011634 m 3)

The RCS subsystem is provided essentially with a backup by virtue of the incor-
poration of redundant pressurization and propellant distributions circuits. Primary
pressurization system control is accomplished by a pressure regulator valve, oper-

ating between 400 and 420 psia (2. 758 to 2. 896 MN/m 2. Should the regulated tank
pressure go beyond these limits, the appropriate squib valves are actuated to lock
out the pressure regulator valve circuit and to open the backup, bang-bang type pres-
sure control circuit. Similarly, a lack of response from a thrustor causes squib
valves to close the propellant circuit in use at the time of malfunction, and to open
the backup propellant circuit. This action simultaneously transfers the RCS firing
control signals to the appropriate propellant valves incorporated in the backup pro-
pellant circuit.

The pilot has control of arming the RCS and LAS subsystems. Automatic pres-
surization control switchover is accomplished if the propellant tank pressure exceeds
a safe limit. Manual pressurization circuit and propellant circuit selection is pro-
vided by the pilot for other cases. Warning lights inform the pilot of the status of the
subsystem. The RCS thrustor control is tied to the guidance and control system and
the LAS thrustor is pilot-controlled (off or on only).

Other monopropellant systems are presently being developed. However, they are
considered to have insufficient application background and a lack of available hardware
for use in the Hi-10 subsystems.

Earth-storable bipropellant systems hardware development and applications are
well-funded. The Apollo and Gemini systems utilize such hardware. Reuse of such
hardware for several missions, however, is open to question at this time. The pro-

pellant performance is 250 percent of that for 90 percent H20 2 and will certainly

require consideration for missions of extended operational time. The Hi-10 mission

@•@
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requires a maximum of 8.5 hours operation. Consequently, it has such a low RCS
propellant weight requirement that the advantages associated with use of the bi-

propellant system are considered to be overcome by those for the H202 system

hardware status and reuse potential.

3. Ordnance Subsystem

Ordnance devices are used extensively throughout the entry vehicle and the adapter
for a wide variety of functions. These devices provide for characteristically fast and
positive action and offer inherently high reliability with low weight penalties for redun-
dancy. The devices take the form of squibs for valve and piston actuation and solid
rocket motor ignition; explosive nuts, bolts and latches for severing structural connec-
tions; and shaped charges or primacord for metal cutting. The specific functions to be
performed by the ordnance devices are described in table 30. The location of certain
of these devices is depicted in figure 76.

1

I

I

Oi

i

I

I"5:, _:_ _6-_,3_ .

/io /
/ o h /

f

3-_._--'-..__-----_ /" LEGENO:
1. CANOPY HEAT SHIELD THRUSTOR

2. CANOPY CUTTER SHAPED CHARGE

3. NOSE GEAR UPLOCK EXPLOSIVE NUT

4. NOSE GEAR GAS ACTUATOR

5. HATCH PIN EXTRACTORS

6. SHAPED CHARGE RECOVERY CHUTE WELLS

7. CHUTE CONTAINER POSITIONING ACTUATORS

8. MAIN GEAR GAS ACTUATORS

9. MAIN GEAR UPLOCK EXPLOSIVE NUTS

IO. 17 SQUIBS RCS/LAS PRESSURIZATION AND PROPELLANT
FL_ CONTROL

If. PILOT CHUTE EJECT MORTARS

12. EXPLOSIVE NUT, RECOVERY CHUTE BRIDLE REPOSITIONING
13. UPPER AND L_ER FLAP RIGID LINK RELEASE

14. BRAKE CHUTE EJECT MORTAR

_5. ADAPTER ATTACHMENT TO ENTRY VEHICLE EXPLOSIVE NUTS

16. EXPLOSIVE BOLTS ORBIT PROPULSION MODULE TO AFT

ADAPTER SECTION

17. ABORT AND DEORBIT MOTOR IGNITERS (4) AND INITIATORS

()8)
18. EXPLOSIVE BOLTS ADAPTER TIE TO LAUNCH VEHICLE

FIGURE 76. ORDNANCE SUBSYSTEM
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I
ORDNANCE SUBSYSTEM COMPONENTS, LOCATION AND FUNCTION
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Igniters:

Explosive
nuts:

Shaped charge:

Mortars:

Gas actuators/
thrustors:

Pin extractors:

Squibs:

To provide for ignition of the abort rockets, the deorbit rockets, and
the adapter separation rockets. These devices are composed of squib
initiators which ignite a pyrotechnic which, in turn, ignites the solid
rocket propellant grain. Dual igniters will be employed for each motor
with dual initiators for each igniter to provide the desired redundancy.
In all, 8 igniters and 16 initiators will be employed in the 4 solid rocket
motors.

Explosive nuts are used to provide release of structural fasteners for
adapter tie to launch vehicle; "on-orbit" propulsion module tie to after
portion of adapter; propulsion module tie to entry vehicle; and forward
firing of adapter to entry vehicle.

Explosive nuts are used in conjunction with standard bolts to physically
fasten the gear to the vehicle structure in the stowed position. An explo-
sive nut installation is also used to hold the vehicle recovery bridle to
the after end of the vehicle for the period during chute opening and
vehicle deceleration. At terminal velocity of vehicle, the chutes are
dereefed and bridle attachment point is shifted from the after end of
the body to the forward end of the body to position the vehicle for land
or water impact. Explosive nuts are used to break the rigid links of
the upper and lower flaps.

Shaped charges are used to cut the skin panels immediately above the
recovery chute containers, located one each in the left and right hand
main landing gear wells. Since the recovery system is an emergency
system, throughskin structure was used in lieu of compartment doors.

A shaped charge is used to cut the windshield transparent area for
emergency egress prior to launch or after recovery.

Mortars are used in three phases in the recovery system, one to
eject the decelerating brake chute used during vehicle slide out.
The recovery chute package and mortar are located in the most aft
section of the body. The other two applications are for ejecting the
pilot chutes which, in turn, extract the main chute packages. The
pilot chute mortars are located in the after end of the recovery chute
containers located in each main gear well.

Pyrotechnic gas generators are used to provide individually pneu-
matic energy required for the three landing gear extension actua-
tors and the two positioning actuators containers for chute extrac-
tion. In each application, the gas-generating cartridge is mounted
in the head end of the actuating cylinders. An explosively charged
thrustor is used for removal of the canopy heat shield cover.

Explosively fired latch pin extractors are used to free the hatch
from the vehicle during emergency egress during the prelaunch
activities or after recovery.

Seventeen squibs located in a centralized area are used in the
pressurization and propellant flow control systems for the reaction
control system (RCS) and the landing assist engine (LAS).
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I. COMMUNICATION SUBSYSTEM

In accordance with the design criteria and tradeoffs presented in Part IV, the ap-
proach to communication subsystem design involves: (1} maximum use of the existing
ground network, (2} antenna coverage for the spacecraft with a minimum of antenna
switching, and (3) consideration of the communication, tracking and telemetry ground
equipment costs at the selected landing area (Edwards Flight Research Center}. The
ground network that best satisfies these design criteria is a nonunified S-band system
which consists of equipment that has been previously qualified on existing programs.
The ground network is discussed in Part V.

The airborne equipments selected to implement the nonunified S-band system are
described in this section. The first subsection contains a description of the selected
electronic equipments along with a link analysis showing performance margins. The
following two subsections contain a description of the antennas and the radiation cover-
age that can be expected for selected locations on the spacecraft.

1. Equipment Description and Performance

The equipments selected for the communications system are shown in table 31, based
on performance characteristics and circuit techniques that have been qualified for space
use. Figure 77 is a block diagram of the communication system.

UHF digital command receiver.- The digital command receiver system consists of
two antennas coupled by a hybrid which, in turn, couples and divides the received power
between two receivers. The command system is designed to receive digital information
to perform three functions: (1) To enter words into the guidance computer, (2) to up-
date the central timing equipment, and (3) to receive real-time commands to turn equip-
ment on and off by ground control.

The receiving system consists of two receivers, a sub-bit detector and a decoder.
The sub-bit detector recovers the timing information from a composite audio signal by
means of a narrow-band phase-locked loop and detects digital information by means of
an optimum filter design. The decoder detects the vehicle address and system address,
stores and checks data, and processes the data to the appropriate spacecraft system.

Data are transmitted by a phase shift keying (PSK) tone. A second tone is linearly
added to the phase-shifted tone to provide bit synchronization. This composite signal
is then used to frequency modulate (fm) an ultra high frequency (uhf) carrier (400 to
450 Mh(z) for transmission to the spacecraft.

A word length is composed of 64 bits which contains three bits each for vehicle ad-
dress and system address to provide choice of different vehicles and systems. The re-
maining bits comprise a real-time command, a computer word, central timing, and up-
date or a test message.

After command receiving, detecting, and decoding, the command (upon complete
validation} is transferred to the respective spacecraft system. After proper transfer of
the command, a verification signal is transmitted via pulse code modulation (PCM)
telemetry to the command station (ref. 11).
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Performance margins of the command system are shown in table 32.

VHF/AM voice communications.- The very high frequency/amplitude modulation

(VHF/AM) voice communications system consists of two slot radiators connected to a
diplexer through a power divider to two receiver-transmitters.

Each of the receiver-transmitter combinations is operated at a separate frequency
so that two conversations with the ground stations can be conducted simultaneously.
Voice power is enhanced by speech clipping which produces a square wave radio fre-
quency (rf) envelope. Noise is reduced during speech lulls by a suppression oscillator.

The two transmitters and receivers are assembled within a single enclosure. Modu-

lation employed is low-level clipped speech, where the waveform is reduced to a square
wave envelope. This speech processing provides nearly maximum voice power and re-
tains high intelligibility and natural voice sound.

The operational modes are selectable. The modes of operation are: (1) two simplex,

(2) two duplex, and (3) two receive-only combinations. Simplex operation occurs when
the transmitter and receiver are on the same frequency. Duplex operation occurs when
one transmitter is used with the other receiver. Performance margins of the voice com-

munication system are shown in table 33.

S-band telemetry.- The S-band telemetry system consists of three transmitters,
operated simultaneously on separate frequencies and connected to an antenna system
through a triplexer. The antenna system consists of three selectable antennas to pre-
vent interference nulls during transmission. Antenna selection is nominally pilot-con-
trolled, with additional control through commands and attitude control.

Two transmitters transmit redundant data on separate frequencies during the entire
mission. The telemetry baseband data format from the data management system is 58.9
kilobits during launch and orbit. At entry, the rate is increased to 577.6 kilobits to ac-
commodate the increased data generated by the experiments. The 577.6-kilobit data
rate is continued through landing.

I

I

I

I

I
The third transmitter operates on a third frequency at a one-megabit rate ; it is acti-

vated after the effects of plasma attenuation have subsided to read out a tape recorder.
The tape recorder contains data stored during the entry portion when communications
blackout exists. A high data rate is required to read out all entry data before landing
is initiated.

The S-band telemetry multiple frequencies are compatible with the receiving stations
of the unified S-band system. Performance of the telemetry system for the various mis-
sion modes is shown in table 34.

C-band tracking.- The C-band tracking system consists of two transponders, one
operating and one on standby, connected through a power divider to the antenna system.
The antenna system consists of three antennas, with a phase shifter connected to one
antenna to reduce the effect of interference nulls.

OI

I

I

I

The C-band transponder receives and decodes pulses and replies with a transmitted
pulse. The transponder performs primary tracking during all phases of the mission.
It is compatible with all AN/FPS-16 and AN/FPQ-6 type radars.
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TABLE 31

COMMUNICATIONS EQUIPMENT

Tracking

Transponder

Coax switch

Power divider

Phase shifter

C-band antenna

Window

Voice

vhf transceiver package

vhf antenna

Window

vhf power divider

Coax transfer switch

Scope

Collins

5.25 x 4.25 x 3.8

(13.4 x 10.8 x 9.3)

12 x 6 x 14.7

(30.5 x 15.2x 37.4)

8.5 x4.0x 6.0

(21.6 x 10.2 x 15.3)

8:65x4.66x4.7

(22 x 11.8 x 12)

vhf diplexer

hf transceiver

hf antenna

Voice control center

Collins

Collins

Satellite comm transceiver

vhf antenna

Window

Recovery aid

vhf beacon

vhf antenna

Coax switch

K -band beacon
a

Ka-band antenna

Window

*Limited duty transmission.

Bendix

Collins

Bell

6.75x4x4

(17.2 x 10.2x 10.2)

5.25 x 3.8 x 4.5

(13.4 x 9.3 x 11.4)

4.3 500 32

(i. 96)

2.0 ....

(o.91)

1.5 ....

(0.66)

1.5 -- 3

(0.68)

0.5 ....

(0.23)

0.7 ....

(0.32)

13.5

(6.15)

6.1

(2.78)

2.0

(0.91)

1.0

(0.46)

2.0

(o.91)

2.5

(1.13)

6.3

(2.87)

6.7

(3.05)

7.9

(3.6)

2O

(9.1)

15

(6.8)

4.0

(1.82)

2.5

(1.81)

1.5

(0.68)

2.0

(0.98)

4.5

(2.05)

0.25

(0.14)

0.40

(0.18)

O0

O0 •

• .: :
QO0 • O0 O0 • •

ER 14471-7

5

5

500

4

500

000 O0

33

2O

20

1250"

7.5

4O
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000
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1 1

1 1

1 1

3 3

3 3
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2

1

1
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1 1

2 2

1 1

1 1

1 1
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TABLE 31--Concluded

COMMUNICATIONS EQUIPMENT

System Component

Command

Receiver package

uhf antenna

Window

Hybrid

Telemetry

Transmitter

Triplexer

rf isolator

Coax switch

Window

S-band antenna

Autepilot adapter

Source

Dimensions

in.

(cm)

Motorola 7 x 8-1/4 x ii

(17.6 x 20.6 x 28)

Collins 6.8x 2.3x 2.2

(17.3 x 5.8 x 5.6)

Weight Power

(each), output

lb (each),

(kg) watts

20 --

(9.1)

3.2 --

(1.45

1.4 --

(0.64)

0.7 --

(0.32)

1.6 3

(0.73)

3.0 --

(1.36)

0.75 --

(0.34)

2.0 --

(0.91)

1.0 --

(0.46)

0.7 --

(0.32)

15 --

(6.8)

Power

(each),
watts

11

23

Number required

Unmanned Manned

1 1

2 2

2 2

2 2

3 3

1 1

3 3

1 1

3 3

3 3
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TABLE 32

LINK DE TE RMINATION S-- COM1V[&ND

Frequency: 453 MHz, modulation: FM

Data update
at 1000 n. mi. (1850 kin),

dbm

Transmitter power (600 watts) 57.8

Ground rf losses -1.2

Ground antenna gain 18

Free space loss -150.6

Spacecraft antenna gain 0

Polarization loss -3

Char loss

Spacecraft rf losses -5

Received carrier power "-84

Required receiver carrier power -99

Margin, nominal 15

Margin, adverse tolerances 12

dbm = db below 1 milliwatt

oo • ooo

Entry command

at 200 n. ml. (370 kin),
dbm

57.8

-1.2

18

-136.6

0

-3

-2

-5

-72

-99

27

24
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TABLE 33

LINK DE TE RMINATIONS--VOICE

300 MHz 125 MHz

Spacecraft Ground to Spacecraft Aircraft to Spacecraft Satellite to

to ground spacecraft to aircraft spacecraft to satellite spacecraft

at 1000n. mi. at 1000 n. mi. at 1000 n. mi. at 1000n. mi. at 22,300n. mi. at 22,300 n. mi.

(1850 km), (1850 kin), (1850 kin), (1850 kin), (41,500 kin), (41,500 kin)

dbm dbm dbm dbm dbm dbm

Transmitter rf losses -2 -0.5 -2 -6.9 -1

Transmitter antenna gain 0 -18 0 -12 4

Free space loss -147.5 - 147.5 -147.5 -147.5 -166 -166

Polarization loss -3 -3 -3 -3

Receiver antenna gain 18 0 12 0 0 4

Receiver rf losses -0.5 -2 -3 -2 -1 -1

Received carrier power -98 -85 -106.5 -97.4 -107 -108

Required receiver carrier power -118 -110.0 -118 -110.0 -118 -115

Margin, nominal 20 25 11.5 12.6 11 7

Margin less adverse tolerances 18.5 23 9.5 1O. 6 9 5
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TABLE 34

LINK DE TE RMINA TION S--TE LE ME TRY

Frequency: 2200 to 2300 MHz (S-band), modulation: PCM-PM

Orbit to ground Orbit to aircraft Deorbit to ground Entry to ground Entry to aircraft

at 1000 n. mi. at 1000 n. mi. at 300 n. mi. at 200 n. mi. st 200 n. mi.

(1850 m) (1850 m) (360 kln) (370 km) (300 km)

and 60 kilobits/sec, and 60 kiinbits/sec, and 600 kilobits/sec, and 1 megabit/sec, and 1 megabit/sec,

dbm dbm dbm dbm dbm

Transmitter power (3 watts) 34.7 34.7 34.7 34.7 34.7

Spacecraft rf losses -2 -2 -2 -2 -2

Window loss -I -I -i -I -1

Char loss -2 -2

Spacecraft antenna gain 3 3 3 3 3

Free space loss -165 -165 -154.5 -151 -151

Receiver antenna gain 43.5 29.5 43.5 43.5 29.5

Received carrier power -86.8 -100.8 -76.3 -74.8 -88.8

Equivalent receiver noise density

(incl rf loss) -173.1 -169.7 -173.1 -173.1 -169.7

Receiver noise bandwidth 48.8 48.8 58.8 61.2 61.2

Desired signal/noise ratio 10 10 10 10 10

Desired carrier power -114.3 -110.9 -104.3 -101.9 -98.5

Margin, nominal 27.5 10.1 28 27.1 9.7

Margin, adverse tolerances 24.0 6.6 24.5 23.6 6.2
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The performance of the tracking system is shown in table 35.

VHF satellite voice communications.- The vhf satellite voice communications sys-
tem consists of a vhf/am (120 MHz) transmitter and receiver connected directly to an
antenna. The satellite voice communications system provides the capability of contin-
uous voice coverage throughout the mission, including periods when the spacecraft is
out of view of ground stations.

I

Currently, experimental tests are being conducted by NASA with the Applied Tech-
nology Satellite (ATS) to determine optimum system characteristics.

Modulation employing low-level clipped speech, using a square wave envelope,
will provide nearly maximum voice power and still retain high intelligibility and natural
voice sound.

Simplex operation is planned. The performance of the system is shown in table 33.

VHF landing and recovery beacon. - The vhf (243 MHz) landing and recovery system
consists of two selectable antennas connected through a switch to a transmitter. One
antenna is located aft on the spacecraft and is extended after entry. After landing, the
aft antenna is switched out and the top antenna is employed.

The vhf beacon is a tone-modulated am transmitter that provides a signal for line-
of-sight radio direction finding. The beacon operates automatically with a transmission
interruption cycle of two seconds on and three seconds off. During the two-second trans-
mit interval, the transmitter output is 30 percent modulated by a one-kilocycle square
wave.

I

I

I

HF transceiver. - The high frequency (hf) transceiver is directly connected to an ex-
tendable antenna. The transceiver primarily provides a signal for direction finding and
voice communications beyond the line-of-sight after emergency landing. Transmission
from orbit is unreliable and intermittent.

The operating modes are single side band (SSB), compatible am, or continuous wave
(cw) with preassigned carrier frequency (8 to 15 MHz). The power output is 20 watts
peak envelope power (PEP) in SSB, and 5 watts carrier in am and cw.

Ka-band tracking. - The Ka-band 35.0 GHz) tracking system consists of a transponder

connected to an antenna. The transponder is used during the landing phase, when it ex-
tends the tracking range of the radar associated with the automatic landing system. High
frequency is utilized on the radar so that a narrow tracking beam can be generated to avoid
ground interference and accurately track at low elevation angles.

The automatic landing system is based on the AN/SPN-42 being developed for carrier
landing by the Navy. When unmanned spacecraft are being landed, an autopilot adapter
is planned in place of the pilot.

Audio center.- The audio center is an audio amplification and control unit that pro-
vides a complete and independently operated audio station for each crew station in the
spacecraft. The unit provides each crewman with microphone and earphone amplifiers,
switching circuits that control audio signals to and from operating rf equipment or an
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intercommunication system common to other crewmen, and voice operated transmission
(VOX) circuitry to permit voice keying of transmitters. Control panels associated with
the crew positions are:

(1) Selection of input to the earphones

I0

I

(:2) Selection of audio outputs for the microphones

(3) Adjustment of the level of each receiver or intercom signal and overall
level of the earphones

(4) Selection of either push-to-talk (PTT) or VOX operation

I (5) Control of VOX sensitivity.
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2. Antenna System

The antenna subsystem portion of this study consisted of specifying generic types
for use with the various communication systems on the HL-10 and their location on the
vehicle structure This subsection describes each antenna system and recommended
locations. The following subsection will contain selected principal plane radiation
patterns and contour maps.

The primary requirement governing the choice of antenna location is the extent of
spherical radiation coverage provided. Most of the locations recommended for the
final configuration of HL-10 vehicle were based on the study of radiation patterns taken
on simulated 1/24- and 1/4-scale model vehicles. Test equipment limitations precluded
obtaining patterns for the S-, C- and K -band systems. However, the successful per-a

formance of the antennas in the recommended locations for these systems can be reason-
ably well predicted.

HL-10 antenna installation.- The previously recommended HL-10 antenna system con-
figuration (ref. 12) called for several installations in the center fin. Radiation patterns
of these antennas were examined, and coverage was found to be marginal. With the ex-
ception of uhf command, the antennas were relocated to the vehicle body. The type of
antenna for uhf use was changed and its present center fin location retained. While it

is probable that a vhf antenna could have been designed to give satisfactory coverage
from the fin, the number of antennas in this part of the structure should be kept to a min-
imum for mechanical, maintenance, and refurbishment reasons. Electrical disadvan-
tages of fin installations, especially at the higher frequencies, include excessive line loss.

The revised HL-10 antenna system is shown in figure 78. The center fin is utilized
for the command system only. The DeHavilland boom used for hf communication is re-
tained at the base of the center fin as before. A new vhf voice communication antenna
utilizes two "pancake" cavity-backed slot antennas, one on each side near the front of
the vehicle. The slots can be fed either "in-phase" or "out-of-phase" at the discretion
of the crew. The out-of-phase hookup provides broad coverage in the roll plane and
should be more useful while in orbit. After entry and during landing, the in-phase con-
figuration should provide the better coverage, i.e., toward the front and sides of the ve-
hicle.
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T A B U  35 

LINK DE TERMINATIONS--TRACKING 

Frequency : 5 765 MHz , modulation : Pulse radar 

Up at 
1OOOn. mi. (1850 km) 

dbm 

Transmitter power 

Transmitter rf losses 

Transmitter antenna gain 

Free space loss  
Spacecraft window loss 

Receiver antenna gain 
Receiver rf losses 

90 

-1 

44 

-173 

-1 

0 

-6 
Received carrier power 

Required receiver ca r r i e r  power 

Margin, nominal 

Margin, adverse tolerances 

-4 7 

-70 

23  

19.5  

P 

Down at 
1OOOn. mi.  (1850 km) 

dbm 

57 

-6 

0 

-173 

-1 

41 
-1 

-80 

-100.5 

20.5 

17.5 

- 

FIGURE 78.  ANTENNA SYSTEM 
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Two recovery beacon antennas consisting of extendable stubs are employed. One
of these, the primary, is extended from the rear of the vehicle and used after blackout
and during the landing phase. Its location on the back of the vehicle permits its being
extended early in the landing phase without being subjected to excessive airloads. A
second beacon antenna is located on top of the vehicle aft of the hatch. This is an emer-
gency antenna activated in the event of a probable landing in remote land sites. Essen-
tially omni-azimuthal coverage is provided by this antenna.

The antennas for S-band remain, as previously, equally spaced around the body.

The new C-band antenna system is similar to the S-band system. These radiators
are employed equally spaced around the body. However, unlike the S-band case, the
individual radiators are not employed singly. A phase shifter is used to remove the
deep interference nulls where the patterns of the individual radiators overlap. The
phase shifter is a ferrite device operating at 400 cps.

I

l

l

l

l

I

l

l

l

l

l

As noted earlier, the only antenna remaining in the center fin is the command an-
tenna. Two "U" slots of a type developed and used for ASSET are recommended.
They are phased for omni-azimuthal coverage. Radio frequency transparent windows
consist of teflon slabs about 8 inches square and equal to the heat shield in thick-
ness.

The previous HL-10 communication system did not provide for communication be-
tween spacecraft and synchronous orbiting satellites. Recent revisions to the system
have included this feature. The antenna proposed for this system, primarily for pur-
poses of weight estimation, consists of a modified Dome and Margolin design. A de-
tailed description of the antenna cannot be given at this time because the requirement
for low-frequency (about 125 MHz), circularly polarized, flush-mounted antennas de-
signed expressly for spacecraft-to-satellite communication is a relatively new one,
calling for new and possibly unique designs.

K -band antenna.- The antenna for the K -band beacon system will be a symmetri-
a a

cally tapered waveguide with part extended through the heat shield on the bottom center-
line of the vehicle. The polarization is linear. Half-power beam widths are between
120 ° and 140 ° in roll plane and pitch plane. Ten-decibel beam widths are slightly less
than twice the 3-db widths. Broad coverage in the bottom hemisphere is provided by
th is installation. During the glide slope approach to touchdown at low altitudes, the ve-
hicle angle of attack is such that adequate antenna gain is achieved in the direction of
the K -band transmitter on the ground.a

Antenna and rf window mechanical details. - For purposes of mechanical integration
of antennas and rf windows into the HL-10 structure, a detailed mechanical description
of these components is required and given in this section.

The pancake slot antennas recommended for vhf communications require sizable rf
transparent windows. The windows are necessary due to the high absorption of rf
energy by the heat shield material particularly after entry. Unfortunately, window ma-
terials which are satisfactory mechanically and electrically are also good conductors
of heat. This fact must be taken into account in cases where the structure temperature
must be maintained at some predetermined level, say, below 800 ° F.
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HF antenna.- The 1 s 1 e c le unit sim_ar to

their Model A-32 except with a 30-foot (9.14 m) tape. The retracted dimensions are
4 by 5 by 19 inches (10.2 x 12.7 x 48.2 cm). An rf transparent window is not required.

Satellite communication antenna.- The half-cylindrical volume on top of the vehicle
between stations 149 and 181 has been reserved for the satellite communication antenna.

The volume and weight estimate is based on early design of antennas for similar use by
aircraft by Dorne and Margolin and Electronic Communications, Incorporated. However,
these antennas are not flush-mounted, and the possibility of adapting the designs for
HL-10 use is probably small. An extendable mode of operation appears to be costly in
terms of weight, which is the basis for the flush operation requirement.

In addition to these antennas, several conventional types, which might be developed
for HL-10 use, include: the cavity-backed Archimedes spiral; cavity-backed loaded
turnstile ; and the small aperture hemispherical scanning (SAHS) antenna, which is a
quad scimitar.

l

l

l

l

l

l
An rf transparent window for the satellite communication antenna will be provided

by replacing the metallic skin with fiber glass. The fiber glass will not carry struc-
tural loads. Since the satellite communication link is used only during the orbit phase,
a normal thickness of ablative heat shield material will be placed over the fiber glass.
The heat shield is relatively thin on the top surface of the vehicle and, in the uncharred
state, is acceptably transparent to radio frequencies planned for use in satellite com-
munication.

Recovery beacon.- The antenna housing is cylindrical. It measures about 5 by 2
inches (12.7 x 3.08 cm). It is a one-shot device and not reusable; a window is not re-
quired.

VHF voice.- The major dimensions of the vhf cavity-backed slot are 19 inches long
by 6 inches wide and 3/4 inch deep (48.2 x 15.24 x 1.91 cm). The construction is
sheet metal, filled with a dielectric for electrical loading purposes. A flange is pro-
vided for attaching the antenna to the vehicle structure. The top surface (slot side) of
the antenna is contoured to the vehicle skin line.

I

l

I

I

l
Since the antenna is in a high temperature region, a substantial rf transparent window

must be provided. The design employs slip cast, fuzed silica, hollowed out to reduce
weight and heat conduction. The heat shield skin line dimensions of the window are
5 by 19 inches (12.7 x 48.2 cm).

Digital command antenna.- The major dimensions of a "U" cavity-backed slot are
8 inches square by 3/4 inch deep (20.3 x 1.91 cm). Dielectric loading is used in the
cavity. Two are installed in the center fin, back to back. An 8 by 8 inch (20.3 x 20.3 cm)
solid teflon window, approximately 1/2 inch thick (1.27 cm), serves as the rf window.

l

l

l
S-band and C-band.- The radiators used for these systems are small and present no

unusual installation problems. They will consist of turnstiles at S-band and either
turnstiles or circularly polarized crossed slots at C-band. Figure 79 shows a typical
window for use at either S-band or C-band. The heat shield line dimension is 5 inches

in diameter. Again, since some of these windows are in a very hot environment, fuzed
silica, hollowed out to reduce heat transfer, is used as the window material.
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A summary of the HL-10 antenna system g 36.

3. Radiation Patterns

This subsection contains selected principal plane radiation patterns (relative voltage
versus direction) and radiation field contour maps (antenna gain versus direction).

Principal plane and conical radiation patterns of scale model HL-10 vehicle and an-
tenna system were measured to verify the coverage provided by the recommended in-
stallations. Patterns of the hf communication antenna were measured with a 1/24-scale
model. Patterns of the other system antennas tested were measured with a 1/4-scale
model. Fourth-scale measurements of the C-band system required 22.4-GHz generat-
ing equipment which, at the time, was unavailable. Patterns of the S-band antennas
were felt to be unnecessary because of the simplicity of the installation.

The vehicle-centered coordinate system employed is the Standard I_RIG antenna pat-

tern'format. Linear polarization is expressed as E 0 or E¢. The first, 0, is the angle

between the positive roll axis (from nose of vehicle) to a vector from the vehicle to the
field point. The second, 9, is the angle between the negative yaw axis (from top of ve-
hicle) to a projection of the vector in the roll plane. It is measured in a clockwise
direction looking forward.

HF communication antenna.- The antenna for this system operates in the 8- to 15-
MHz frequency range. Ground-based antennas are normally linearly polarized. Hori-
zontal polarization principal plane patterns for a full-scale frequency of 8 MHz are
given in figure 80.

The wavelength at 15 MHz is about 60 feet (18.3 m). Thus, the dimensions of HL-10
are short in comparison to a wavelength over the 8- to 15-MHz band. Excitation of the
30-foot (9.14 m) boom will result in excitation of the vehicle structure. The effect in
this case is an antenna/vehicle radiating system much like a "flying dipole," the pre-
dominant polarization of which is horizontal. Good coverage around the vehicle equator
and poor coverage in the polar direction is characteristic. Due to the tilt of the DeHav-
illand boom in the extended position, however, a strong cross-polarized (vertical) field
component is obtained which tends to fill in the regions of low horizontally polarized
field, front and back.

Recovery beacon.- Ideal radiation patterns for the emergency (top-mounted) antenna
are characterized by good coverage in the azimuth plane with moderate coverage in the
vertical plane to allow for vehicle roll and pitch maneuvers during the subsonic flight
regime. Figure 80 gives the principal plane patterns for right-hand circular polariza-
tion at 972 MHz which corresponds to a full-scale frequency of 243 Mttz.

Pattern characteristics of the aft-mounted antenna, which is extended after com-
munication blackout at a relatively high altitude, are optimum for signal reception by
aircraft and ships below and to the sides of the vehicle.

VHF communications. - Right-hand circular principal plane patterns of the vhf com-
munication slot antennas are given in figure 81. The slots were fed in phase. The
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FIGURE 79. TYPICAL ANTENNA WINDOW FOR C- AND S-BANDS

TABLE 36

HL-10 ANTENNA PHYSICAL CHARACTERISTICS

I

I

I

I

I

I

I

I

I

i.

2.

3.

4.

5.

6.

7.

Antenna Window Total system

weight, lb weight, lb weight, lb

System Antenna type Quantity (kg) (kg) (kg)

hf communications

Satellite communications

Recovery beacon

6.7

(3.04)

4O

(18.2)

1.5

(0.68)

6.1

(2.77)

3.2

(1.46)

0.7

(0. 317)

0.5

(0.227)

vhf voice

uhf command

S-band telemetry

C-band tracking

Total weight

DeHavilland

boom

Modified Dorne

and Margolin

Extendable stub

Cavity-backed
slot

"U" slots

Turnstile

Turnstile or

cavity-backed
slots

2.0

(0.91)

1.4

(0.64)

1.0

(0. 455)

0.7

(0. 317)

6.7

(3.04)

40

(18.2)

3.0

(1.36)

16.2

(7.4)

9.2

(4.15)

5.1

(2.31)

3.6

(1.64)

58.7 5.1 83.8

(26.7) (2.3) (38. I)
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scale frequency is 1.2 GHz, which corresponds to a full-scale frequency of 300 MHz.
A two-mode vhf antenna operation is provided on HL-10 to reduce to a minimum the
"holes" that occur in any vhf antenna radiation field. Changing from one mode to the
other is accomplished by a transfer switch which inserts a half wavelength line in series
with one antenna. The in-phase mode tends to emphasize coverage in the forward hem-
isphere, which can be seen from the patterns and also from the contour map of figure 82.

UHF command. - A pair of "U" slots in the top of the center fin, fed out of phase, are
used for the uhf command system. Right-hand circular principal plane patterns in fig-
,-,re 81 show good azimuthal coverage with acceptab!e coverage in the vertical plane.
The region directly below the vehicle is one of low signal strength as shown in the con-
tour map of figure 82. However, in these directions, the slant range is minimum, and
reduced path loss tends to compensate for low antenna gain.

J. INSTRUMENTATION AND DATA HANDLING SUBSYSTEM

Subsystem design criteria and functional requirements are strongly influenced by
the flight test measurements for the 52 research tasks. These 52 measurement lists
have been defined in considerable detail in Part II, and a computer program was em-
ployed to develop complete measurement lists for particular research flights. A typical,
heavily loaded research task flight (as indicated in Part IV) requires approximately 2000
measurements, even though all common measurements have been deleted by the com-
puter program.

Figure 83 is a functional block diagram of the recommended subsystem. It is a PCM,
remote multiplexed instrumentation system which can handle up to 2048 measurements.

l

l

l

l

l

l

l

I

1. Recommended Equipment Summary

The equipment selected for the D/3 vehicle configuration is based on the data sub-
mitted by potential suppliers in response to a Martin Marietta request for information
and the preliminary performance specification (see Part IV).

Table 37 shows a summary of the contractor recommendations. All equipments are
applicable to this program with varying degrees of modification and development re-
quired. Recommendations from the various suppliers are discussed later in this sec-
tion.

Physical descriptions of units of the selected system are summarized in table 38
and the individual units are discussed in the following paragraphs.

Remote multiplex units.- Figure 84 is a block diagram of the remote multiplex unit.
This unit receives a command from the central control unit to send a particular param-
eter. This parameter is sampled, encoded, and a serial PCM bit stream is transmitted
back to the central control unit over the data bus. Estimates have been made of the
size, weight, and electrical power which will be required for this unit. These estimates
were based on the dimensions of the Lockheed equipment.
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The estimates of equipment characteristics are:

Number of parameters:
Weight:
Power:

Size:

Up to 128
3.5 IbM (1.57 kg)
4.0 watts

3-1/8 by 4-1/2 by 6 in.

(7.95 by 11.4 by 15.2 cm)

'_ _-'^' u*OC*_ u1-, _i -,IT, un it.uen_r_- control unit.- Figure 85 shows a _' '-;-".... v_ *_^_.__e,,_^-*-"',_.v,,_^-*_^'w"
The estimated characteristics of this unit are:

Weight:
Power:
Size:

36 lbM (16.3 kg)
72 watts

3-1/8 by 8 by 6 in.

(7.95 by 20 by 15.2 cm)
each of six modules

TABLE 37

SUPPLIER RECOMMENDATIONS

I

I

I

I

I

I

I

Supplier

Radiation, Inc.

Lockheed Missiles

and Space Company

TRW, Inc.

Space Craft, Inc.

Leach Corp.

Size,
cubic inches (cc)

200

(3280)

400

(6560)

48O

(7880)

420

(6888)

655

(10 750)

1120

(18 400)

600

(9850)

2459

(41 000)

Weight, Power,
IbM (kg) watts

10 (4.54) 15

20 (9.08)

20 (9.08)

18 (8.15)

4O

18 (8.15) i0

41 (21.7) 32

20 (9.08) 24

62 (28.1) 61

Development costs

(first unit), $

300 000

400 000

190 000

Remarks

Conventional approach:

1000-parameter system
with central programmer

Integrated approach

Remote multiplexer units:
weights and sizes refer to

6 units with 170 inputs each

Central converter unit:

total system consists of re-

mote multiplexer units

shown above together with
this control unit

1000-parameter system:
parameters shown for total

system

1000-parameter system:
these specifications are for
the remote multiplexer units

32 units with 32 inputs each

Central unit: development

cost given for total systems

Tape recorder system
only

• • • • • • • • •
O• • 00 00

ER 14471-7

000
o00

o00

•o0

179



..: ..: .
• • oo •

ooo • •ooo •

: .,, ,-. .', : ,'..-- .:
." , • . ..: • . ....

• • oo 00 • • ooo oo ooo oo ooo

/

SENSORS (UP TO 128 ASSOCIATED

WITH EACH REMOTE MULTIPLEXING UNIT)

REMOTE MULTIPLEXING UNIT

(UP TO 16 UNITS PER SYSTEM)

10 TO 20 LINES

_i CENTRAL

CONTROL OUTPUT TO

UNIT J TELEMETRY
I TRANSMITTER

TAPE RECORDER I__T 0 POST-SUBSYSTEM I BLACKOU T

J TRANSMITTER

FIGURE 83. INSTRUMENTATION AND DATA HANDLING SYSTEM
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FIGURE 84. REMOTE MULTIPLEX UNIT
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FIGURE 85. CENTRAL CONTROL UNIT

I

I

I

I

I

I

I

I

I

l

I

20 x 103

14 TRACK SYSTEM

PACKING DENSITY = 2000 BPI (788 BPCM)
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Remote multiplex unit

(16 units)

Central control unit

Tape recorder

Sensors and wiring

•:i .:i" """.:..:: !.i..i:.".:i!:i
TABLE 38

SUMMARY (2048 MEASUREMENTS)

Size, Weight,

cubic inches (cc) IbM (kg)

1300 (21 300) 56 (25.4)

0•0

Dll

000

Power,
watts

64

900 (14 800) 36 (16.3) 72

2495 (41 000) 62 (28.1) 61

405 (183.5) 50

4695 (77 100) 559 (253.0) 267

Tape recorder system.- To ensure that the data collected during the entry period
is recovered, the telemetry data must be both transmitted and recorded using onboard

tape recorders. The present state-of-the-art in tape recording indicates a bit packing
density of about 2000 bits per inch (788 bits/cm). Figure 86 shows the number of feet

of tape versus bit rate for various recording times. The magnitude of the recording
problem can be readily seen from the figure. At high bit rates and for long recording
times, the amount of tape required becomes completely unreasonable. However, pres-
ent estimates indicate that HL-10 system parameters will lie below the 4800 feet (1465 m)

of tape that would indicate the requirement for two transports.

Figure 87 shows a block diagram of the tape recorder system. Figure 88 shows a

timing diagram for the recorders. The serial bit stream from the central control unit
is converted to parallel bit stream and recorded on tape. On playback, the parallel

tracks are again converted to a serial bit stream for transmission.

The design of this subsystem is based on equipment developed by Leach Corporation

for the Apollo (Block II) program. A typical parts list for the tape recorder system is
shown in table 39.
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TABLE 39

TYPICAL PARTS LIST HL-10 TAPE RECORDER SYSTEM

Part Quantity

Tape transport 2

Record amplifiers 16

Digital reproduce and 14
slew correction amplifiers

Serial-to-parallel con- 1
verter

Part number Contractor

MTR- 3200 Leach

32 DRA- 804 Leach

32 DRA- 806C Leach

Leach

ER 14471- 7
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TABLE 39. --Concluded

i TYPICAL PARTS LIST HL-10 TAPE RECORDER SYSTEM

Part Quantity

I O verterParallel-t°-serial con- i

Voltage regulator !

I System preregulator 1

Motor inverter 1

I Module housing unit 4
Gating circuits 1

Part number

32 MUR-8!2

32 SPR-809

Contractor

Leach

Leach

Leach

Leach

Leach

Leach

2. Radiation, Inc., Recommendations

The basic approach taken by Radiation, Inc., was to develop a central multiplexed
system based upon the preliminary specification. The size, weight, and electrical
power requirements of this system are shown in table 37.

l

l

l

l

l

l

l

l

As an alternate approach, Radiation, Inc., suggested an integrated data system.
This system includes the combined functions of timing, signal conditioning, telemetry,
display outputs, and monitor and alarm within a single system. It is done at consider-
ably decreased complexity, size, weight, power, and cost compared to the sum of each
of these subsystems individually. The integrated data system, tailored to meet the

anticipated HL-10 requirements, would require approximately 400 cubic inches (6550 cc),
weigh 20 pounds (9.04 kg) and require a 40-watt power supply.

While the size, weight, and power estimate may be optimistic, the integrated data
system as advocated by Radiation is of interest. The following discussion expands the
idea of an integrated data system.

Integrated data system.- The separable functions performed by missile and space-
craft data systems have traditionally been handled as separate items. This has been
wasteful because of the requirements for separate signal conditioners for each uncon-
ditioned measurement and for duplication in timing functions and in measurements of
one parameter by several subsystems.

These functions may be combined into a single system at a considerable saving in
hardware and, therefore, in size, weight, power, cost, and increased reliability. This
combining of functions is especially compatible with even higher reliability through the
addition of redundancy where high reliability is of the greatest importance.

The overall system accuracy may be enhanced through the use of more sophisticated
circuitry in conditioning circuits used for a multiplicity of channels than would be feas-
ible for individual signal conditioners where one is required for each measurement
channel.
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A high degree of flexibility may be achieved by a flexible programmer in which the
number of channels of each type and the rates may be selected. Likewise, the number

" of channels that have conditioned outputs for display or similar circuits may be con-
trolled by the flexible programmer.

Conventional techniques.- Signal conditioners and telemetry equipment have tradi-
tionally been treated separately in instrumentation systems. The telemetry has, at
best, accepted only two or three full-scale value analog inputs. All inputs not adhering
to these levels, or not in the form required (i. e., slowly varying dc), must be condi-
tioned th_,n,,gh......... n --_---_nn'_t"---device. Only _v...oh_,,_^..o_...._,arte,.. to ,,,,---_,^"__-'* of *_,e a.._,us_'^-
channels in a typical instrumentation system are suitable for direct connection to the

telemeter without prior conditioning. The remaining channels require conditioning such
as amplification, attenuation, ac (amplitude) to dc conversion, frequency to dc conver-
sion or phase to dc conversion.

In addition, to prevent ground loops, it is desirable (if not mandatory) that each con-
ditioner isolate the input signal, output signal, chassis ground, and vehicle power sup-
ply from each other.

The problem is further complicated when the signal is to be fed into more than one
device, such as the telemeter, a display, and a malfunction warning system. This
requires that the signal conditioners have three outputs, each isolated from the other,
the input signal, chassis ground, and from the primary power source in order to pre-
vent ground loops.

Integrated technique.- The techniques conventionally used in a sampled data system
for slowly varying signals within predetermined voltage levels may be extended to include
unconditioned signals. These signals may then be sampled prior to conditioning so that
one signal conditioning device is time-shared to condition many channels of similar data.

Similar sharing of functions in the timing area may be accomplished by including the
vehicle timing and programming requirements so that the programmer and timing func-
tions may utilize common circuits.

A block diagram of this integrated approach is shown in figure 89.

The input channels that are readily available in the conventional 0- to 5-volt form

are multiplexed in the conventional manner. They are handled directly, rather than
through a buffer or amplifier, since it would be expected that from one-quarter to one-
half of the channels may be handled through this unconditioned route.
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The slowly varying dc input signals that are not already in the 0- to 5-volt range are
conditioned through one of three multiplexers and amplifiers. Each of these handles a
portion of the total range. This helps to prevent crosstalk of high level signals on the
low level channels and permits the programmable amplifiers to be programmed over a
lower range.

Each signal is sampled by a multiplexer and amplified (or attenuated) to the 0- to 5-
volt range (fig. 90). Channel i is sampled by gate 1 while the respective gain and level

settings are simultaneously switched through Slg and $11. This is then repeated for
channel 2, etc.
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If a level and gain setting were available for each input channel, each channel could

have a separate setting.

The example in figure 90 assumes that a further simplification can be made by group-
ing the input channels into a limited number of groups with several channels per group.

This permits one set of gain/level controls to be shared for several channels.

The high level channels may be single-ended, as shown in figure 89, while differential

balanced inputs are considered necessary for the medium and low level channels.

The ac input channels are multiplexed in the same manner as the dc channels de-
scribed above. They are gain- and level-controlled so that some channels, for example,

may have spans of 0 to 32 volts while others have spans of from 105 to 125 volts. It is

suggested that ac signals be attenuated to approximately 15 volts peak-to-peak near the
source to prevent the mixing of low level and high level ac signals in cable bundles,
either internal or external to the described system.

As shown in figure 91, the ac channels may be grouped just as were the dc channels.

The frequency input channels are multiplexed in the same method described above.

They are conditioned by a linear frequency to dc converter to form a 0- to 5-volt PAM
(pulse amplitude modulation) pulse train suitable for encoding. The gain and level con-
trols may be set individually, as shown in figure 92, so that various frequency ranges

and bandwidths may be converted. The number of controls may be limited by grouping
similar input channels into common level/gain functions.

The ac frequency inputs could also be handled digitally by the method shown in figure
93. The signal input from the multiplexer is counted digitally and read once each time

base period; that is, if the time base period is one second, the frequency is read directly
in cycles per second. An eight-bit register then provides a 0- to 255-Hz readout or a

12-bit register provides a 0- to 4095-Hz readout. Longer or shorter time base periods
provide handling of lower and higher frequencies, for example; a 0.1-second time base
on an eight-bit register provides a frequency range of 0 to 2550 Hz. Vernier ranges

may be handled through use of the least significant bits of a larger register, that is, a
frequency range of 255 to 511 Hz could be accommodated through use of the eight least

significant bits of a nine-bit (or larger) register with a time base of one second. This
method has the advantage of accuracy in that the entire operation is digital; hence, no
analog errors may appear.

As in the case of other ac devices, problems of crosstalk between these inputs and

of the sensitive low-level dc inputs may be minimized by attenuating the signals to a
maximum of 15 volts peak-to-peak near the source.

Phase input channels may be multiplexed and converted by a phase-to-dc converter,
as shown in figure 94. These inputs are compared in phase with a common phase ref-

erence and combined into a common PAM output suitable for encoding. Similar channels
may use common gain controls to limit the number of controls.
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The combined outputs of each of the analog sampling devices are combined to form

a single PAM signal with each pulse representing an input signal normalized in the 0-

to 5-volt range. This signal is converted into a parallel digital sigv_al by the analog-
to-digital converter.
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Parallel digital signals are multiplexed together with the parallel outputs from the
analog-to-digital encoder, the time accumulator, and the synchronization data and
converted to serial NRZ (non-return to zero) form by the output register. The output
register also inserts any serial digital data into the output signal.

The system time base is generated by an accurate crystal-controlled oscillator and
divided to required output frequencies and finally into a second-minute-hour-day code.
For convenience, this code may be in BCD (binary coded decimal) form. These timing
data are combined through logic in the timing generator to provide vehicle timing func-
tions and programming functions for the data system. The programmer utilizes these
signals through further logic to provide control pulses for the entire integrated data
system.

a
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I
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Output signals that are required for displays may be handled either by analog or

digitally. The degree of isolation required by various displays can be provided through
a floating power supply for each display group.

The analog display signals are generated from the normalized 0- to 5-volt PAM pulse
train (fig. 95). The signals to be displayed are programmed, by time sequence, by the
programmer so that each required PAM pulse is sampled by the closing of the correct
switch during the particular pulse time. A buffer amplifier is inserted between the
PAM signal collection point and the switches to prevent loading of the PAM and to pro-
vide a fast charging rate on the capacitor. A buffer is placed between each capacitor
and the output to provide minimum loading on the capacitor and a low output impedance
for displays.

Signals that are not desired to be transmitted in the PCM output train may be sampled
during digital word times.

Outputs to digital displays are generated by time-selecting the particular data through
programming and switching these data into the desired storage register {fig. 96). The
outputs are continuously available for display or other output requirements. They may
be provided in BCD form through the addition of a binary-to-BCD converter.

l

l

I

i

l
This method is particularly attractive as a means of providing malfunction warning.

A digital code recognition unit may be added for each desired output, to recognize when
preselected out-of-ordinary levels are reached, and a warning output provided.

Desired channels may be monitored to determine that they fall within preselected
limits utilizing the subsystem shown in figure 97. Each channel to be monitored is
digitally compared with preselected digital levels to determine that it is within a pre-
selected range. In the event the channel is not within this range, an output is fed
through a multiplexer to a bistable for outputs to a display (to show the discrepant chan-
nel) and to a second bistable to an alarm to warn the operator that an out-of-tolerance
condition exists and the display should be checked.

A reset line is provided that may be triggered manually or periodically through the
timing system.

l

I

I
The integrated data system approach can provide a degree of flexibility that is dif-

ficult to reach with conventional data systems. The programmer can include the desired
amount of flexibility so that the required number of channels of each type are sampled
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at the required rate. The outputs selected for display or monitored alarm may also be
selected so that they may be displayed on either analog or digital devices.

3. Lockheed Missiles and Space Company Recommendations

I0

!

l

l

I

I

l

I

l

I

I

l

A Stored Program Telemetry System was developed by Lockheed in 1964 for applica-
tion to space missions in which a high degree of data handling flexibility was required.
In this system, the various data points are addressed in a random fashion under the
control of a program-controlled memory. The number of channels that can be handled
can be expanded by the addition of modules in blocks of 16 channels. Submultiplexers
may be remotely located, and the control memory may be sized as required to control
the number of channels employed.

Size and weight figures are based on the use of the modular hardware system which
has been developed and the 1000 data point requirement. Several assumptions are made
with respect to the mix of low-level and high-level channels because the mix affects the
number of modules required. The basic multiplexing module provides either 16 differ-
ential-input low-level gates or 32 high-level single-ended gates. It is apparent that the
weight and volume of the multiplexer portion of the system can vary by a factor of nearly
two to one, depending on the predominance of high-level or low-level inputs.

For the purpose of the following size and weight computations, the system is assumed
to consist of 750 high-level inputs and 250 low-level inputs. It is also assumed that re-
mote multiplexing is desired and that the smaller of two modular boxes would be used to

contain the multiplexing gates. The 1000-channel requirement can be met in six of the
small multiplexing boxes, which have a total volume of 480 cubic inches (7880 cc} and
weigh approximately 20 pounds (9.04 kg}. The memory and encoder central unit occupies
approximately 420 cubic inches (6880 cc) and weighs 18 pounds (8.15 kg}.

Lockheed indicates that continuing development is in process which will result in
substantial savings in size and weight for these functions. The foregoing descriptions
are for currently available hardware, but at the time of implementation of the HL-10

program, it is expected that substantial reductions in size and weight would be possible.
As a reference point, one current Lockheed project involves a microminiature multi-
plexer which will provide 64 single-ended channels or 32 differential channels in a vol-
ume of approximately 10 cubic inches (164 cc). In the larger system of the size envi-
sioned for HL-10 research vehicle, it is anticipated that the volume and weight can be
reduced by a factor of three or four.

Meaningful numbers are difficult to provide because power requirements are dependent
on the degree of flexibility required in the format, which in turn affects the memory
size. The developed modular system does include high efficiency power converter
modules which operate from an unregulated 28-volt source, and they can be employed
as necessary to supply the internal power required.

4. Space Craft, Inc. Recommendations

l

il

I

The approach recommended by Space Craft, Inc., is based on their work on the PCM
equipment for the Titan III launch vehicles. Space Craft is an associate contractor to
the Air Force in supplying the entire PCM telemetry for all versions of the Titan III
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launch vehicles. The end product is a stored program, multichannel, highly flexible
data handling system.

To implement the instrumentation and data handling system for HL-10, using the
Space Craft equipment, up to two of the control units will have to be used together with
the interface circuitry that may be required. This system will consist of up to 32 re-
mote multiplexer units and four central converter units. Each remote multiplex unit
contains 32 low level, differential, 0- to 40-millivolt channels. The converter controls
the remote multiplex unit channels by a single digital instruction cable. A completely
flexible stored program magnetic memory is employed in the converter. Channel
sampling rates are controlled by the program memory. Storage for three completely
different channel sampling formats is provided. Sampling rates and bit rates are
changeable in flight.

Analog signals are encoded into an eight-bit binary word at either of two rates:
384 000 and 38 400 bits per second. Channel sample rates may vary from 5 to 12 000
samples per second, with data cycles adjustable from 960 to 2400 words. The system
also accepts vehicle guidance computer data and up to 160 bilevel type signals.

The transmission output PCM signal is in filtered NRZ form. A landline driver out-
put is also provided. Remote multiplex units may be located up to 140 feet (42.6 m) from
the converter. Total interconnection branch cable length may be up to 500 feet (150.3 m).

The remote and converter units weigh approximately 1.5 pounds (0.68 kg) and 10
pounds (4.54 kg), respectively. Total power dissipation for the complete 1024-channel
system is 56 watts.

5. TRW Systems Recommendations

The proposed data handling subsystem is based on the space-ground link subsystem.
This subsystem is designed to work with the Air Force Space Systems Division satellite
control facility. It is generally compatible with the NASA unified S-band subsystem.

The space-ground link subsystem handles analog data with four or eight bit quantiza-
tion and digital data in any increment of four bits. The output is a serial NRZ pulse
train.

The present frame length maximum is 1024 bits, with a growth potential to 2048 bits.
When based on an eight-bit word, it provides a 128-word main frame, with growth to
256 words. Subcommutation can add from 16 to 1024 eight-bit words in increments of
16.

Available bit rates vary from 7. 8125 bits per second to 1. 024 millibits per second
in 17 incremental steps. In the present space-ground link subsystem configuration,
either of any two of these bit rates may be selected in flight, with the initial selection
of the bit rate being made at the time of su6system integration.

The frame synchronization word may be up to four data words, utilizing a pseudo-
random code. Thus, no word synchronization words are required. The minor frame
identification word is eight bits in length to properly identify the words in the 128-word
subcommutations. The basic system does not include the capability for storage of a
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number of telemetry formats. This requirement can be satisfied by the use of techniques
developed in the spacecraft digital data processor, conceptually designed for the NASA-

" Manned Spacecraft Center under contract.

The spacecraft digital data processor is a general purpose multiplexer. The system
is centralized in that all inputs are received and processed in one location.

Flexibility in the selection of data for processing is provided by an internal hardwired
programmer, a programmable format generator, and an external computer. This flexi-
bility makes the processor adaptable to a wide range of vehicles and missions as well
as adaptable to changing requirements during missions. The one-time development and
qualification costs (time and money) of the spacecraft digital data processor yields an
attractive cost per mission or spacecraft.

The design features the use of a TRW proprietary technique for selecting and proc-
essing analog inputs. This concept utilizes a separate comparator for each analog
input. The inputs are selected by gating on the associated comparator. Several ad-
vantages over conventional multiplexing techniques are offered.

The spacecraft digital data processor is comprised of a data acquisition unit and a
flexible format generator. Salient features of the spacecraft digital data processor are:

(i) Operates in a flexible format mode in which the data acquisition unit input data
are sampled in a sequence determined by data addresses stored in a core
memory (in the flexible format generator). One or more word times in each
telemetry frame can be assigned in this mode to allow an external computer
to address the data acquisition unit and obtain output data.

(2) Operates in a fixed format mode when the sampling sequence is predetermined.
While in this mode, the flexible format generator memory can be reprogrammed
to alter the flexible format.

(3) Operates in a computer slave mode during which an external computer addresses
the data acquisition unit to obtain data relating to any data input.

(4) Responds to onboard and ground commands to select bit rate and operating
mode and to reprogram the memory.

! (5) Employs a 1024-cell random access core memory with 14 bits per cell for
establishing the flexible format.

!

I

(6) Utilizes the gated comparator technique in the selection and processing of ana-
log inputs.

(7) Minimizes power consumption by power gating.

The two primary tasks performed on the spacecraft digital data processor are to:

!
(1) Provide the detailed paper design of a spacecraft digital data processor.

(2) Develop and fabricate special purpose integrated circuits for the system.

|

!
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Theweightof the present space-groundlink subsystemdigital telemetry unit is 6.7
pounds(3.04 kg), andthe spacecraft digital dataprocessor is estimatedto be 18pounds
(8.15 kg) in its present configuration. A unit which combinesthe two capabilities would"
probably approximatethe weightof the latter.

The size of the space-groundlink subsystemdigital telemetry unit is approximately
250 cubic inches(4100cc); but, again, the hybrid unit wouldapproximatethe size of
the spacecraftdigital dataprocessor or 655cubic inches (10750cc).

Powerrequirementswouldvary between4 and 10watts, dependingon the operating
modeof the spacecraftdigital dataprocessor.

The MTBFof the space-groundlink subsystemdigital telemetry unit is 36000hours
for 1100channels. The reliability of the spacecraft digital dataprocessor hasnotbeen
examinedas yet. However, there were no critical parts with low reliability identified
in the conceptualdesign.

K. ELECTRICAL POWER

Theelectrical power subsystemdesign is basedon three menoperating the D/3 ve-
hicle for up to five orbits. The electrical power system for the D/3 vehicle is com-
posedof two separateequipmentsets: thebasic power supplyandtheflight control
power supply.

1. Basic Electrical Power Supply

The load chart {table40)showsthe basic powerrequired for all mission phases:
standby, launch, orbit andentry. It does not include entry control actuation. The
entry time plus4 hours includes groundcheckouttime from the vehicle power supply
before launchas well astime for equipmentoperationduring orbit for test or check
(suchas updatingthe guidanceequipmentfrom groundstations). The standbycondition
is includedasan averagepower integratedover an hour for all the equipmentwhich
operatesonan intermittent basis during orbit. For example, the C-bandbeaconoper-
ates for 24 minutesper orbit at 35watts andthe balanceof the time at 20watts, for a
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TABLE 40

LOADCHARTFORD/3 VEHICLE FORFIVE ORBITS

Environmentalcontrol (3 men)
Guidanceandcontrol

Total

"'i i'- •.......... ""
QOe

Qee

Power requirement conditions,
watts

Entry + 4 hours Standby

175 175

810 300

1682 760
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continuous standby rating of 24 watts. The total maximum transient peak demand is
well within the capability of the battery system so that voltage regulation and capacity

• are not adversely affected.

The D/3 electrical power system is composed of six Yardney LR-100 batteries.
Two are located in the entry vehicle and four are in the adapter section. Separating the
batteries in this manner results in an entry vehicle of minimum weight and volume.
The batteries used for ascent and orbit power are stored in the adapter section. There
are disadvantages to this practice, however. The first disadvantage is increased cost,
since the batteries in the adapter section are lost and cannot be reused. Another disad-

vantage is the adverse effect upon the reserve of the two batteries in the entry vehicle
when four batteries which have capacity remaining are thrown away. Therefore, to
ensure two fully charged batteries before entry, the electrical system is manually super-
vised to use as much as possible of the power in the adapter section before transferring
to the entry vehicle batteries.

The system can be monitored at all times from instrumentation on the flight engineer's
panel. If a battery fails in the adapter section, the engineer has a choice of continuing
the flight or preparing to deorbit, depending on the mission and time-to-go in orbit and
the remaining battery conditions. Normal procedure on the launch pad is to close relay 1
and power all systems from the adapter batteries (fig. 98). If relay 2 is inadvertently
closed, a red indicator light advises the engineer, and corrective action can be taken.

Approximately an hour before entry, the load is transferred from the adapter bat-
teries to the entry vehicle batteries. Quick changeover is not required because the
protective diodes in the adapter battery circuit will not permit charging from the entry
batteries. Simultaneously, a reduction of load will increase the voltage of the adapter
batteries, thereby allowing some of the load to be supplied from the adapter batteries.
At any time after transfer of the load from the adapter batteries, relay 1 can be open-
circuited and the adapter separated. A green signal light on the flight engineer's panel
indicates that power has been transferred to the entry batteries and relay 1 is open,
ready for staging of the adapter module.

The separation of the batteries makes 100 percent power reserve necessary for the
entry vehicle. The adapter battery reserve is held to less than one module, since the
batteries are lost and safety of return is not jeopardized by a single battery failure.

2. Flight Control Power Supply

The basic D/3 flight control system has been discussed in a previous subsection.
Figure 99 is a block diagram of the electrical power system for flight controls and
intermittent loads. It shows that the reaction controls, squib circuits, and other inter-
mittent loads are assigned the flight control bus. Since these loads are large, inter-
mittent and of short duration, they are applied to this bus to minimize radio interference
from conducted noise with the other electronic systems. The large capacity of the bus
makes it ideal for squib circuits with minimum disturbance on other equipment on the
bus.

The capacity of the batteries for the flight control system is shown for two condi-
tions in figure 100. The six-battery system capacity is computed on the basis that a
battery fails on the launch pad at launch. A battery failure at any other time would be

.-: -.- : • . .. ......... ..: .-: :':
• • O0 • • • •

000 o • •... .: :::

ER 14471-7 197



POWER BUS

ADAPTER BUS

• ..: ..:
• •
° °

O0

2.

&ELAY

STAGING

I. CONNECTOR

RELAY

oooooo

:o:
0oo

VEHICLE LOAD

DISTRIBUTION BUS

I

J

n

Ol

B

t

i

-_AGE BATTERY CHARGERJ I
FIGURE 98. PRIMARY ELECTRICAL POWER

REVERSE
CURRENT

RELAY

HIGH RATE Ag Zn

BATTERIES (7) TYPICAL

26V DC BUS

O

v

,,c ®s ©M

CIRCUIT BREAKERS

I REACTION CONTROLS I

I SQUIB CIRCUITS I

-_--_AGE FOR BATTERY CHARGE I
O O I INTERMITTENT LOADS I

C : MOTOR CONTACTOR (2)

S : OVERLOAD SENSOR (2)

M = HYDRAULIC PUMP (2)

FIGURE 99. ELECTRICAL SYSTEM--FLIGHT CONTROLS AND INTERMITTENT LOADS

DO 000 ,o DO• • • 00 ,0 • , • ,DO ,,

•":,, : : : - . :, ; :
,.. ... :.-•o0

oil •0 •

198 ER 14471-7



I

I

I

Io

I

I

I

i

I

I

I

I

i

I

less significant. Based on computations defined in Part IV, the flight control power
for the D/3 vehicle for the maximum duration flight is:

Current, Time, D is charge,
Mission phase amperes minutes ampere-minutes

Launch 298 15 4 490

Entry 356 40 14 240

Landing 465 10 4 650

23 380
Average discharge = 65 - 358 A

65
Percent of 7-battery system used ---_ = 68.5 {from fig. 100, 358 A = 95 min)

65
Percent of 6-battery system used = _ = 81.2 {from fig. 100, 358 A = 80 rain).
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Assuming a 10 percent derating of battery due to stand time and other variables be-
tween batteries:

65
Percent of 7-battery system used - 86.5 - 75

65
Percent of 6-battery system used =-_ = 90.

The batteries for the flight control subsystem are designed to provide power for two

independent hydraulic systems, both of which are powered continuously. However,
either one is sufficient to complete entry subsequent to any orbital mission of three-

fourths orbit or more. For the maximum-load entry situation, which requires the use

of both hydraulic systems following an ascent phase abort, the longest entry duration
still results in good battery margin with one battery out. Consequently, any additional
battery reserve is not recommended.

3. Subsystem Weight Summary

A total subsystem weight breakdown for the D/3 vehicle is presented in table 41. All

weights are actual except the miscellaneous wire, circuit breakers, and switches, which
are estimated on the basis of previous hardware programs.

TABLE 41

WEIGHT SUMMARY OF ELECTRICAL POWER SYSTEM

Weight

l___b k_g

Flight Control Power System

Batteries (7) ................ : ................... 434 197
Reverse current relays (7) .......................... 21 9.55

Motor contactors (2) .............................. 8 3.65
Miscellaneous, wire, etc ........................... 63 28.7

526 238.90

Basic Electrical Power System

Batteries in entry vehicle (2) ......................... 124 56.5
Miscellaneous, wire, etc ........................... 230 104

354 160.6

Batteries in adapter (4) ............................ 248 113.0

Total ................................... 1128 512.4

!

!

|

O!

l

l

l

l

l

l

l

l

l

l

l

I



QOO

QOO

•Oo

O•O

L. ENVIRONMENTAL CONTROL AND LIFE SUPPORT
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This section presents the environmental control and life support (EC/LS) system
recommended for the D/3 research vehicle. The selected EC/LS system is based on
current state-of-the-art concepts being utilized in the Gemini and Apollo programs.

The crew is provided with a 100 percent oxygen atmosphere (5 psia, 34.4 kN/m 2)

with carbon dioxide and odors removed by lithium hydroxide and activated charcoal.

The system is designed so that the crew may operate with face plate closed or open
and with the space suit removed. The entire system is contained within the entry ve-
hicle (i. e., no EC/LS equipment in the expendable adapter section). This approach was
taken so that the total system is reusable except for the expendables (oxygen, water,
lithium hydroxide and activated charcoal).

Design criteria for the EC/LS system are presented in table 42, and the selected sys-
tem is based on tradeoffs discussed in Part IV.

The EC/LS system consists of four parts: (1) atmospheric control loop; (2) oxygen
supply loop; (3) water management loop, and (4) thermal control loop. The atmospheric
control subsystem controls the temperature, humidity, and pressure of the crew space
suit and the vehicle cabin. The oxygen supply subsystem provides oxygen, on demand,
to the crew suit loop and cabin and the pressurization gas for the water storage tanks.
The water management subsystem provides drinking water for the crew and water, on
demand, to the evaporative heat exchangers. The thermal control subsystem controls
the temperature of the electronics and provides the heat sink required for the atmo-
spheric control system. A schematic of the complete EC/LS system is shown in figure
101.

The atmospheric control subsystem consists of redundant suit compressors, each

of which can deliver the required flow of 40 cfm (0. 019 mm/3sec), to circulate the oxygen
in the suit loop. Lithium hydroxide and activated charcoal canisters remove the carbon
dioxide and odors generated by the crew. Redundant canisters are provided, and each
can remove the total quantity of carbon dioxide and odors generated. The crew heat
exchanger controls the humidity, removes metabolic water from the suit loop, and con-
trols the temperature of the oxygen in the suit loop. The crew temperature is controlled
by adjusting the coolant flow in the heat exchanger. A debris trap is located down
stream of the crew to remove particle contaminants from the suit loop.

Oxygen flows to the suit loop through redundant suit-demand regulators. These pres-
sure regulators maintain the suit pressure between 2.5 to 3.5 inches of water (622 to

872 N/M 2) below the cabin pressure when the cabin pressure is 3.5 psia (23.8 kN/m 2)

or above. The dual cabin pressure regulator maintains the cabin pressure at 5.0 psia

(34.4 kN/m2). In the event of cabin depressurization, the cabin pressure regulator

closes when the cabin pressure decreases to 4.0 psia (27.6 kN/m2), thus preventing

excessive loss of oxygen. When the cabin is depressurized, the suit pressure regulator

maintains the suit circuit at 3.5 psia (23.8 kN/m_).
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CONDITIONS

EC/LS DESIGN CRITERIA

Prelaunch--Oxygen system capability for 4 hours of supply during a pad hold. Ground support available
while vehicle is on pad.

Launch--Design for a maximum launch phase of 10 minutes. Cooling by thermal lag assumed below
100 000 feet (30.5 kin}.

Space--Design for 5-orbit system capability.

Entry--3080 seconds to 100 000 feet (30.5 tun); 600 seconds from 100 000 feet to touchdown.

Post-landing--Oxygen supply and cooling for 15 minutes system operation after the vehicle has landed.

VEHICLE

Atmosphere--5 psia (34.4 kN/m2), 100% oxygen normal, pressure suit face plate open; 3.5 psia

(23.8 kN/m2}, 100% oxygen for emergency. Purge to 100% oxygen atmosphere prior to launch.

Repressurization--One cycle (normal), two cycles if extravehicular activity is planned.

Temperature--Suit 50 ° F (283 ° K) at inlet, 85 ° F (303 ° K} at outlet. Cabin 60 ° F (289 ° K) to 80 ° F

(300 o K), wall above 65 ° F (291 ° K) dew point during orbit.

Leakage--Cabin 02 at 5 psia (34.4 kN/m2), 6.1 lb (2.77 kg)/day.

CO 2 level--8 mm Hg maximum.

Humidity--30 to 70%.

METABOLIC

Heat load--Three crew members at 600 Btu/hr (176 kW). Sensible load 1/3, latent load 2/3 for pressure

suit operation.

Oxygen consumption--Normal 2 lb (0.907 kg)/day/man. Entry above 100 000 feet (30.5 km), and post-
landing 0.1 lb (0. 0453 kg)/man/min.

Water consumption--4.6 lb (2.09 kg)/day/man.

Food consumption--1.4 lb (0. 635 kg)/day/man.

CO 2 production--2.25 lb (1.02 kg)/day/man.

Urine--3.0 lb (1.36 kg)/day/man.

HEAT LOADS

Entry cooling for the hydraulic system to 125 ° F (325 ° K) above 100 000 feet (30.5 km) and 275 ° F (408 ° K)
below 100 000 feet (30.5 kin).

Heat rejection from the vehicle by means of boiling water in an evaporative heat exchanger.
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Heat loads by mission phase, watt-hours

Ascent and

Orbit Entry

Metabolic 176 *

Electronics orbit 1134 --

2 hours prior to 3600 1 800

entry

Hydraulic system -- 10 150

Entry heating -- 5 870

Total

* Metabolic heat is removed by high-flow 02 during entry.
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Total

1 320

6 250

5 400

10 150

5 870

28 990

(99 000 Btu)
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To depressurize the cabin, the manual cabin out-flow valve is opened; and to repres-
surize the cabin, a manual repressurization valve is provided. The cabin pressure
control valve controls the differential pressure between the cabin and ambient. During
ascent, the cabin pressure is relieved from the spacecraft until the pressure decreases

to 5.5 psia (37.8 kN/m2). During entry, the valve admits ambient air into the cabin,

limiting the pressure differential to 20 inches of water (4.98 kN/m2).

During entry, the secondary oxygen control is open and the compressors de-ener-
gized. The secondary oxygen control provides a flow of 0.1 pounds (0. 045 kg) per
minute per crewman, which satisfies both metabolic and cooling requirements during
entry. During the post-landing period, the suit compressors provide ventilation as long
as electrical power is available (24 hours, assuming a 50 percent duty cycle). The
compressors draw ambient air into the suit circuit through the cabin in-flow valve. In
the event of a water landing, a snorkel valve located on the cabin in-flow valve prevents
water from entering the suit circuit.

Cabin oxygen is circulated by a fan. The temperature of the cabin atmosphere is
controlled by the glycol-water flow through the cabin heat exchanger, and the tempera-
ture is manually regulated by the crew. When the crew is operating with face plates
open, the cabin air circulating valve is manually adjusted to provide recirculation of
the cabin oxygen through the suit circuit, thus removing carbon dioxide, odors, and
moisture from the cabin atmosphere.

The oxygen supply system consists of a primary and secondary supply. The primary
supply is a supereritical storage system sized for the prelaunch, ascent, and orbit phase
of the mission. Redundant heaters and vent valves are incorporated to increase the
reliability of the system. Redundant pressure regulators reduce the supply pressure

to 110 psia (758 kN/m2). Oxygen flows from the regulator to the dual cabin pressure

regulator and to the suit circuit demand regulator.

The secondary oxygen supply is a high pressure (2500 psia, 17.2 MN/m 2) gaseous
storage system. This system is sized for one orbit plus the entry period with the
specified flow rate. The secondary oxygen pressure regulator reduces the supply pres-

sure to 75 psia (512 kN/m2). The primary oxygen pressure (110 psia, 758 kN/m2),
being greater than the secondary, retains the secondary oxygen in reserve.

The water management system supplies water for crew drinking, crew cooling {ex-
pendable heat sink), electronics cooling and hydraulic system cooling during entry.
The water is stored in a positive expulsion pressure tank, with oxygen acting as the

pressurant. The oxygen pressure is reduced to 10 psia (68.9 kN/m 2) through redundant
pressure regulators. During orbit operations, the water is supplied, on demand, to
the thermal control heat exchanger where, by boiling, it extracts heat from the glycol-
water thermal control loop. The steam produced in the heat exchanger is vented over-
board. If the water-glycol loop fails, a manual valve is provided to allow water to be
introduced to the suit circuit heat exchanger for emergency crew cooling. The water
extracted from the suit circuit by the water separator flows to the water side of the
thermal control heat exchanger.

The thermal control subsystem provides temperature control for the crew and the
electronics. This system consists of a water-glycol fluid loop and redundant pumps
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to circulate the fluid. The water-glycol solution is used to reduce the freezing point of
the solution to -40 ° F (233 _ K). The heat sources in the system are the crew heat ex-
changer, the cabin heat exchanger, and the electronics cold plates. The heat sinks are
the thermal control heat exchanger and the oxygen supply heat exchanger. The water-
glycol loop serves as a heat transfer medium between the heat sources and sinks. The

major portion of the heat is dumped in the thermal control heat exchanger. During pre-
launch, the ground heat exchanger controls the temperature of the water-glycol loop.

The description of the components making up the EC/LS system is presented in
table 43. All components in the system, with the exception of the oxygen and water tanks,
are existing qualified hardware. Table 43 also presents the weight of the EC/LS sys-
tem. The dry weight is 316.9 pounds (143.5 kg),and the wet weight (dry weight plus ex-
pendables) is 473.6 pounds (214 kg).

M. MALFUNCTION DETECTION AND ALARM SUBSYSTEM

The detection of malfunctions and possible failures, plus pilot alarm or automatic
correction, must be accomplished to assure crew safety and a high probability of mis-
sion success. However, the generation of pertinent subsystem functional requirements,
in sufficient detail to prepare hardware design specifications, requires failure mode
analyses of each subsystem. These analyses should be based on failure modes and the
specific redundancies provided in each subsystem. Even though the preliminary design
of the recommended D/3 vehicle details the proposed subsystem redundancies, addi-
tional reliability and redundancy optimization studies (beyond the scope of this study)
are needed before it is possible to undertake the necessary failure mode analyses.

1. Recommended Approach

Recommended subsystem equipment provisions have been assumed for the D/3 ve-
hicle configuration design. They are based on current program techniques (e. g.,
Titan IIIM, Gemini B, Apollo), plus limited tradeoff studies. The latter include lifting
body characteristics and the related criteria for malfunction detection during critical
phases of entry.

In accordance with the recommended usage of redundant equipments and/or backup
modes for each potentially critical subsystem in the D/3 vehicle configuration, the
additional hardware included for malfunction detection and alarm consists primarily
of status sensors, programmed comparators, pilot display, and controls for initiating
corrective action. For example, automatic switchover to a second of three parallel
autopilot channels is accomplished within the flight control system itself, because the
pilot's response time (for detection and correction) appears marginal during certain
phases of entry. Conversely, where three channels are not available for mid-value
type voting (e. g., the dual inertial reference units and computers), self-checking or
comparative status computations are necessary. They can be accomplished within the
primary guidance computer, which has adequate capability; however, a separate, small,
but highly reliable computer may prove superior.
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EC/LS SYSTEM COMPONENTS
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Schematic

item no.

1

2

3

4

5

6

7

8

9

10

11

12

13

14

15

16

17

18

19

20

21

22

23

24

25

26

27

28

29

30

31

32

33

34

35

36

37

38

39

4O

41

42

43

44

45

46

47

48

49

206

Component name

Suit compressor

CO2 absorber package

Cooler-condenaer separator package

Suit hose connector

Suit flow limiter

Suit demand regulators

Debris trap

Suit bypass control valve

Secondary O 2 control valve

Suit circuit return air valve

Cabin pressure regulator

Cabin 02 flood flow control valve

Snorkel valve

Cabin pressure relief valve

Suit temperature control valve

Cabin temperature control valve

Cabin heat exchanger and fan

Water shut-off valve

Water check valve

Water flow control valve

Water shut-off valve

Water shut-off valve

Glycol-H2• pumps redundant cooling loop

Glycol- H20 pa nwps

Coolant shut-off valve

Coolant shut-off valve

02 to coolant heat exchanger

Ground cooling heat exchanger

O 2 low pressure regulator

O 2 shut-off valve

O 2 high pressure regulator

O 2 shut-off valve

O 2 shut-off valve

Secondary 02 pressure regulator

Secondary 02 shut-off valve

Supercritical 02 tank assembly

Secondary O 2 tank assembly

Water storage tank assembly

Evaporation heat exchanger

Instrumentation sensors

Inverters (fan and blowers)

Cold plates

Ducts, structures, clamps

Umbilical, QDs

Glycol

Miscellaneous (for support)

Total dry weight

Primary 02

Secondary 02

Water

Lithium hydroxide

Total weight

0$• •0 000 @s

0$0 $$ • s

• Se 00

Unit weight Number

lb _

5.15 2.34 2

18.0 8.16 1

30.0 13.6 1

1.3 0.590 3

0.4 0. 181 3

1.0 0. 454 1

1.6 0.726 1

0.6 0.272 1

0.3 0. 136 1

1.6 0.726 1

0.5 0.227 1

0.3 0. 136 1

i. 12 0.508 1

4.8 2.18 1

1.4 0.635 1

1.0 0.454 1

7.6 3.54 1

O. 3 O. 136 2

0.2 0.091 1

0.2 0. 091 1

0.3 0. 136 1

0.3 0. 136 1

8.6 3.90 1

8.6 3.90 1

0.3 0. 136 1

0.3 0. 136 1

0.6 0.272 1

2.19 0. 993 1

0.4 0. 181 2

0.2 0.091 4

1.0 0.454 2

0.3 0. 136 2

0.3 0. 136 1

0.5 0.227 1

0.5 O.227 1

16.6 7.53 1

37.6 17.1 1

17.6 7.98 1

21.96 9.96 1

I0.8 4.90

7.3 3.31

40. 0 18.1

3O.0 13.6

12.0 5.44

1O. O 4.54

25.O 11.4

341_ 97 155

23.8 10.8

18.8 8.53

110.0 49.9

4 1.81

498. 6 226

0•0 • • •0 00 • • • 00• 0•
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Status

Apollo

Apollo

Apollo

Apollo

Apollo

Apollo

Apollo

Apollo

Apollo

Apollo

Apollo

Apollo

Gemini

Apollo

Apollo

Similar to X-20 unit

Apollo

Apollo

A mllo

A mllo

A )ollo

A mllo

A )ollo

A )ollo

A )ollo

A o11o

Gemini

Gemini

Apollo

Apollo

Apollo

Gemini

Gemini

Mercury

Mercury

Gemini



OO

!

!

RO

The pilot display and control panel, described previously under subsection D, accom-

plishes the assumed malfunction detection and alarm subsystem functions throughout the

mission. These functions are briefly described for the ascent, orbital and entry flight
phases in the following paragraphs. Particular emphasis is placed on the ascent phase
and the important boost vehicle interface provisions. Pertinent studies conducted for

the Titan IIIM, Gemini B are available to serve as a guide, and the largest probability of
malfunction requiring corrective action occurs during this period.

2. _ .... * Phase

During ascent, launch vehicle performance is monitored to provide high crew safety
and mission success probability. In the event of catastrophic failures for which there
are no backups (e. g., solid rocket motors, Stage I engines, structure, etc.), an abort

need is sensed and the crew is notified to initiate abort procedures.

!

!

!

!

!

!

!

Navigation and guidance redundancy is obtained during the ascent phase by providing
backup navigation, guidance, and discrete signals. A decision-making interface exists

between the launch vehicle digital computer (LVDC) and the D/3 primary digital com-
puter (HL-10 DC). Based on functions and status inputs from both computers, it pro-

vides the necessary intelligence: (1) to drive crew displays indicating performance
during the ascent phase and providing the pilot with sufficient information on which abort

or guidance switchover decisions can be based, and (2) to effect an automatic switchover
to the HL-10 guidance system if rapid reaction be required.

Like the LVDC, the HL-10 DC contains programs within its software routine that

will monitor input performance (e. g., the IMU), output performance (e. g., steering
and discrete signals) and internal (computer) performance.

The D/3 malfunction detection subsystem design is based on Martin Marietta's definition

of the malfunction detection and crew displays philosophy for the Titan HI, Manned Orbiting
Laboratory, Gemini B program. In this effort, the following ground rules were adopted:

(1) A minimum of one primary and one confirming indication or method of detec-
tion will be provided for detecting any launch vehicle malfunction which affects
mission success and requires crew decisions and action. Various combina-

tions of cockpit displays and crew physiological sensing will be used for pro-
viding the independent methods of in-flight malfunction detection and verifi-

cation. Where an indication is driven by redundant logic and sensors, that
display will be considered to meet this criteria.

(2) Wherever practical, the number of cockpit displays provided will be such

that any single display can malfunction and the requirements of the preceding
ground rule will still be satisfied.

(3)

(4)

The crew displays of any parameter and the criteria governing crew decisions
will be kept simple and straightforward to permit rapid analysis and subse-
quent action by the crew.

Autonomous malfunction detection capability will be provided for launch ve-

hicle failures which affect mission success after handover, i.e., the loss of
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ground radar tracking and the loss of real-time telemetry data. From liftoff
to handover, autonomous malfunction detection will be provided to the maxi-
mum extent practical.

(5) Dependency upon ground displays as a method of malfunction detection will be
applicable only in the flight period prior to handover and for slow malfunctions
(warning time greater than 10 seconds). Capability will be provided in the
Mission Control Center for detecting malfunctions having six seconds or more
warning time.

(6) Data received by the crew from the ground SMD (Slow Malfunction Detection)
monitors, relative to guidance switchover or abort decisions, will be in the
form of a "guidance switchover recommended" light or an "abort recom-
mended" light, respectively. These lights will be energized only as a result
of discrete signals initiated by the ground SMD monitors. The only verbal
contact with the crew will occur through the (orbiting vehicle) communicator.

(7) At the time of Stage II shutdown, a crew display will be provided to indicate
successful injection into an orbit which meets the safe orbit constraints.

The possible malfunctions for the Titan III launch vehicle and end-effect cues that
are used to sense the malfunction are summarized in table 44. These malfunctions and

cues are based on a detailed analysis of the Titan III/MOL/Gemini B system; however,
they are similar to those anticipated for the D/3 HL-10, Titan III combination.

3. Orbital Phase

The philosophy to be followed in orbit is patterned after Gemini. The HL-10 sub-
system redundancy and backup modes of operation provide for crew safety and mission
success. A monitor system, including an HL-10 display panel and computer program-
ming,will assess system performance through limit comparisons. Ground support com-
plexes will assist in the monitoring function. Continuous evaluation of spacecraft sys-
tems will provide the basis for early mission termination or backup mode operation if
a malfunction occurs.

4. Entry Phase

Like the ascent and orbital modes, the entry mode utilizes computer programming
as part of the monitoring system. Backup guidance is provided by a strapdown attitude
reference unit. The flight control subsystem utilizes a three-channel/axis autopilot
and tandem hydraulic actuators that will automatically negate the effects of a first failure.

Detailed analyses to define the malfunction detection system during entry were not
conducted. This would include in-depth failure mode analyses, similar to those sum-
marized previously for the Titan IIIM ascent phase, before hardware specifications
could be prepared.
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TABLE 44

SUMMARY ASCENT MALFUNCTION CONDITIONS AND DETECTION CODE

Malfunction detection cedes

Stage I
start

through 0/I

Stage 0 staging Stage I Stage II
Malfunctions affecting mission success flight (period 08) flight flight

Structural failure (skirts, trusses, SRMTs, TVC tanks) U - -

Structural failure (Stage I propelhut tanks) UBPK UPKL UPKL

Structural failure (Stage II propellant tanks) UBPK UPKL UPKL UPOK

Command control receiver--inadvertent destruct output UPKL UPKL UPKL UPKL

SRM destruct charge detonates prematurely CDM - -

Loss of vehicle control (Stage 0)

(a) TVC loss--injectant leak BMEF - -

(b) TVC loss--power loop failure AMY - -

(c) One injectant valve fail open at T - 0 U -

(d) One injectant valve fail open in flight EF - -

Loss of vehicle control (Stage I)

(a) Actuator control failures or hydraulic leaks QMVY QMVY

(b) Yaw/roll actuator null or low gain failures UY UY
(c) Engine loss of control failures QMVY QMVY

Loss of vehicle control (Stage II)

(a) Hydraulic system leaks (including actuator leaks) - YQMV
(b) Actuator and engine loss of control failures - QMVY
(c) Pitch or yaw actuator null or low g_in failures _- - - UY

One SRM fails to ignite CDM* -

Premature thrust termim_tion--one SRM CDM - -

SRM burn-through

(a) Nozzle between aft closure and throat BDM - -

(b) Nozzle between throat and exit cone BME - -
(e) Nozzle at and below exit cone/extension cone interface W3 - -
(d) Material or propellant defect, leaks, case rupture CDM - -

Premature separation--one SRM

(a) Structural faLlure--aft attachments BUMP UMP -
(b) Structural failure--forward attachments .PUPK PUPK -

(c) Premature operation--forward staging nut squib PULK -

(d) SRM case attachment structural failure A - -

No start--Stage I, one or both subassemblies - NKL -

Premature Stage 0/I staging U -

Pressure decay--Stage I oxidizer tank PPW PP_V PPNW

Pressure deoay--Stage I fuel tank PPW PPNW PPNW

POGO--Stage I U

Low thrust--one Stage I subassembly NKLW

Total tmpalse low--Stage I

(a) >10% low WUK

0a) 3 to 10% low - WU

Premature Stage I shutdown

(a) One subassembly shutdown NKL NKL

(b) Both subassemblies shutdown NUKL

No Stage II start - OU

Delayed Stage H start - - OU

Low thrust (>50% low)--Stage H - - WOKL

Total imlmlse low--Stage II - RSUK

Pressure decay--Stage H oxidizer tank PPW PPW PPW POKL

Pressure decay--Stage H fuel tank PPW PPW PPW POKL

Premature Stage II shutdown - RSKL

* Additional cue required for detection of single SRM ignition is not yet defined.
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TABLE 44.--Concluded

SUMMARY ASCENT MALFUNCTION CONDITIONS AND DETECTION CODE

Abbreviations

BIGS
CTL
FDI
FME
IMP
MCC
RIGS
SEC
SRM
TVC
SMD
OV

Booster inertial guidance system
Control (booster not responding light)
Flight director indicator
Failure modes and effects

Impulse (low thrust light)
Mission control center
Re-entry inertial guidance system
Guidance secondary (switchover/light)
Solid rocket motor
Thrust vector control
Slow malfunction detection

Orbiting vehicle

NOTE: The malfunction detection code groups, which are listed opposite the vehicle
malfunction being detected, appear in their order of usage as a first cue,
second cue, etc. For example, a code group such as "NKLW" indicates detec-
tion method "N" is the first cue, "K" is the second cue, etc.

A
B
C
D
E*

F*

G
H
I
J
K
L
M
N
O
P
Q
R
S
T
U
V
W*
X*
y*
Z*
1"
2
3

Abort light (pitch and yaw turning rate until Stage I start)
Abort light (SRM hot line including TVC pressure switch)
Abort light (SRM chamber pressure automatic monitor)
SRM chamber pressure display

SRM N204 pressure display

SRM N 2 pressure display

Guidance switchover (SEC) light
BIGS NO-GO (PRI) light
RIGS NO-GO (MALF) light
Guidance status indicator

Low thrust (IMP) light
RIGS acceleration display
Overrate warning (RATE) light
Stage I thrust chamber pressure lights
Stage II thrust chamber pressure display
Core tank pressure displays
Booster not responding (CTL) light
BIGS velocity-to-go display
RIGS velocity-to-go display
(Not used)
Crew sensory detection
RIGS attitude error display (FDI)
MCC trajectory monitor and MCC vehicle pressurization displays
MCC thrust vector position (controls) displays
MCC turning rate (controls) and Stage II hydraulic system displays
RIGS signals (slow malfunction detection displays in MCC)
BIGS signals (slow malfunction detection displays in MCC)
Not detected

See analysis of failure (refers to FME tabulation)

Table 44 does not include vehicle end-effects resulting from hardware malfunctions
that have probabilities of failure less than 1 ppm.

* Ground displays onlY.o. •.o .o o•. • • .... • • ° o°• ••
":: : : • • • . ..... :. : :• : :

210 ER 14471-7

!

oB

!

I

!

B

!

|

!

On
!

!

n

!

!

!



V. CAPABILITY FOR SECONDARY OBJECTIVES
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This section of this report presents the results of a study to determine the potential
of the D/3 vehicle for accomplishing the following secondary objectives:

(1) The potential for research into lifting entry at supercircular velocities from
near-earth orbits by the use of velocity augmentation in the deorbit phase.

(2) The pote_n_tia! of retrofitting t_he D/3 vehicle, after it has fulfilled its primary
research objectives, to explore possible problems of rendezvous, docking,
and transfer of men and/or equipment for applications as a ferry, logistics,
or rescue vehicle in near-earth operations.

Also discussed in this section is the modification of a D/3 vehicle to accomplish an
orbital experiment on a landing approach and go-around engine. A lifting body entry ve-
hicle with such a capability would have improved operational flexibility over a simple
glide vehicle, especially in adverse weather conditions.

Some of the significant subsystem modifications--such as propulsion, heat shields
for the supercircular velocity entries, and environmental control and life support for
the longer orbit times of the rendezvous and docking experiment--are discussed. Also
presented as a conclusion to this section is a summary of the weight modification re-
quired for the secondary objectives. The slight effects of the secondary objectives, if
any, on other subsystems are not discussed. An alternative guidance control logic for
the supercircular velocity entries is described in Part HI.

The basic D/3 vehicle was designed for the primary near-earth orbit research ob-
jectives. This vehicle is 25 feet (7.62 m) in length, has a crew of three and provides

a reserved space for research equipment payloads of 74. 8 cubic feet (2.12 m 3).

The purpose of this study effort was to examine the capability of the D/3 vehicle to
accomplish a number of secondary research objectives after completion of the primary
objectives. To accomplish this goal it will be necessary to make some modifications
and alterations to the basic D/3 vehicle as well as add subsystems and/or modules to
the spacecraft. The weight changes to the basic D/3 entry vehicle are summarized in
the final subsection.

Brief summaries of pertinent characteristics of the two secondary missions, the
supercircular velocity and the rendezvous research, are given in table 45.

A. SUPERCIRCULAR ENTRY VELOCITY MODULE

The purpose of this modification is to provide the D/3 vehicle with the propulsion
and subsystems capability to allow it to explore the special problem associated with entry
of this type of vehicle at velocities higher than those for near-earth orbits.

..: -.: :
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SUMMARY CHARACTERISTICS OF SECONDARY MISSIONS

Supercircular velocity mission objective: Conduct research during maneuvering entry from near-earth

orbit at supercircular speeds.

(1) Launch with Saturn IB: payload capability of 35 300 lb (16 000 kg).

Modified D/3 with supercircular velocity module.

(2) Typical mission

(a) Launch from Cape Kennedy

(b) Inject into 35.7 ° (0.623 rad) inclination orbit; 80 n. mi. (148 km) perigee, 200 n. mi.

(370 km) apogee

(c) Circularize at 200 n. mi. (370 km); AV = 210 fps (64.0 m/sec)

(d) On third orbit (over Hawaii) initiate deorbit, including acceleration to 30 000 fps (9.14 km/sec)

(e) Return to FRC (Edwards AFB)

(3) Launch to touchdown time: 295 min

Entry at _ = -6 ° (0. 105 rad)

(4) Entry vehicle experimental weight (typical):

FM-9 25 ib (11.3 kg)

GN-5 200 (90.7)

FM-15 15 (6.80)

SM-3 10 (4.54)

SM-6 50 (22.7)

Total allocation 300 lb (136 kg) (to be included in entry vehicle weight)

(5) Same 5-orbit design life as basic D/3 vehicle.

(6) Redefine abort system to provide Saturn safety.

(7) Same crew station setup as D/3, except one man and his seat removed. Fixed seats for the two crew.

(8) Heat shield allowance: approximately 4 in. (10 em) on bottom and 2 in. (5 cm) on top.

Rendezvous research mission objective: Demonstrate and develop rendezvous docking and transfer systems and

techniques using a modified D/3 entry vehicle and a typical orbiting docking station.

(1) Launch with Titan III-5. Payload capability of 27 400 Ib (12 428 k4_). Modified D/3 with tunnel egress

(2)

and with rendezvous velocity and cargo module.

Typical mission

(a) Launch from Cape Kennedy

(b) Inject into 35 ° (0.611 tad) inclination orbit; 80 n. mi. (148 km) perigee,

(c) Circularize at 138 n. mi. (256 kin)

Plane change 0.1 ° (1.75 mrad)

Orbit change 80 hi. mi. (148 km) perigee

Complete orbit change 80 n. mi. (148 km) circular

Initiate rendezvous

Midcourse guidance

Final rendezvous 100 n. mi. (185 km) circular

Docking

Station departure

Margin (150 fps (45.7 m/sec) for other station altitudes plus

10% contingency)

Total AV

138 n. mi. (256 k_m) apogee

AV = 144 fps (43.9 m/sec)

_V = 45 (13.7)

AV = 108 (32.9)

AV = 108 (32.9)

AV= 36 (11.0)

AV = 50 (15.2)

AV = 36 (11,0)

AV = 20 (6.10)

AV = 20 (6.10)

AV = 22_._! (67.4)

= 788 fps (240)

(d) Deorbit and return to FRC (Edwards AFB) _V = 520 fps (158)

(3) Launch to touchdown time: 24 hr max.

Normal entry at _' = -1.5 ° (26.2 mrad)

(4) Cargo carried in adapter or velocity module. Return cargo carried in entry vehicle.

(5) Where possible, all EC/LS and electrical power supplies required for longer orbit stay times

will be carried in cargo module.

(6) All docking and rendezvous avionic equipment will be built into cargo module.

(7) Relocate abort and deorbit engines to outside adapter.

(8) Velocity module provides attitude control and both high (1 g) and low acceleration (0.01 g)

transla_capabilitv. •• o• •0• • • •o •0 • • • o0o oee•
..o ":• .•
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1. Design Modifications

The modified D/3 spacecraft is launched by a Saturn IB launch vehicle plus a velocity
module (fig. 102). The basic D/3 vehicle has to be modified for addition of the module,
and the entire spacecraft designed for the Saturn launch and abort envelop.

The basic D/3 entry vehicle is unchanged in arrangement. The required modifica-
tions are:

(1)

(2)

The heat shielding is one designed for the higher pressures and heating fluxes
which this type entr_ imposes.

Structural strengthening is required at the aft end because of the mass and
thrust loads imposed by the additional velocity module and because of the
high abort thrust loads required to clear the Saturn overpressure envelope.

(3) Additional propellant capacity is required for the reaction control system
due to the increased maneuvering and to overcome the additional perturba-
tions from the velocity module propulsion modes--velocity increment, abort
and deorbit.

The capability and systems required to accomplish the objectives of this mission are
contained entirely within the adapter section; the adapter and velocity module are inte-
grated into one and the same unit, designed specifically for this mission. This adapter
differs from the standard D/3 adapter.

(i) The adapter is fabricated as a single, integrated structural unit and, in op-
eration, separated into three sections by linear shearing devices. The over-
all adapter is 176 inches (452.3 cm) long and has a double taper configuration.
The smaller end is the oblong shape, matching the D/3 vehicle interface. The
forward section is 58 inches (147.3 cm) long and has a nominal taper of 29 ° --
the base of this section is 106.3 inches (270 cm) in diameter. The aft section
has a taper of 32 ° and is a right truncated cone 120 inches (305 cm) long--the
base of this section matches the Saturn (S-IVB stage) 260-inch (660 cm) diameter.

(2)

(3)

The double-taper configuration was derived to achieve placement of the six
solid rocket motors required for Saturn pad abort with a maximum offset of
20 ° and have sufficient clearance from the D/3 entry vehicle when jettisoned.
These abort motors are attached to the rear part of the forward section by
an external framework and are jettisoned during ascent.

An array of four spherical solid rocket motors is installed in the forward
section for abort and/or deorbit after the external abort motors are jettisoned.
This cluster of motors is identical to the motors and arrangement utilized for
the standard D/3 vehicle. It is possible to add an additional separation--
linear shearing type--at 23.7 inches (60.3 cm) aft of the interface to reduce
weight and effects on stability from the attached adapter section after the ex-
ternal abort motors are no longer required.
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(4) The aft section of the adapter is separated into two parts by a linear shear-
ing separation. The rear part, 51 inches (129.5 cm) long, remains attached
to the Saturn booster. The front part remains with the spacecraft and con--
tains the propulsion system for maneuvering and superorbital velocity incre-
ment. The four liquid rocket motors are gimbaled for steering corrections.
Storable propellants and positive expulsion are utilized in this system.

2. Velocity Module Propulsion System

The Saturn IB can boost a payload of 35 300 pounds (16. 012 Mg) into a 35.7 ° inclina-
tion orbit having a perigee of 80 nautical miles (148.17 km) and an apogee of 200 nautical
miles (370.4 km). This payload weight will consist of a modified D/3 entry vehicle and
a velocity stage propulsion module to perform superorbital velocity entry experiments.

Abort system.- The abort propulsion subsystem arrangement and performance
must be capable of meeting the abort environment associated with the Saturn IB launch
vehicle. The abort criteria contained in reference 14 were used in this study. These
criteria specified the pad abort environment to be the most severe design considera-

tion. To limit the shock explosion overpressure to 7 psi (48.26 kN/m2), a minimum
thrust to weight ratio of 11.81 must be provided for a minimum of 1.78 seconds.

The estimated weight of the vehicle in the pad abort condition is based on a modified
entry vehicle incorporating the D/3 abort/deorbit propulsion subsystem for the emer-
gency deorbit function. The impulsive velocity increment required for deorbit from
200 nautical miles (370.4 km) is approximately 410 fps (125 m/sec). Utilization of any
three of the four solid rocket motors of the D/3 abort/deorbit propulsion subsystem will
supply the 410 fps requirement. This leaves the fourth motor as a backup for a single
motor failure in the deorbit array. For purposes of estimating the abort condition ve-
hicle weight, the following were assumed:

Weight of entry vehicle ........ = 11 342 5144.7

Deorbit motors ............. = 1 148 520.7 (D/3 array)

Adapter for deorbit motors ..... = 220 99.8

Weight of experiments ......... = 300 136.1

WEV* .... = 13 010 5901.3

The abort propulsion system required for pad abort of the entry vehicle package,

WEV*, from a Saturn IB was determined as follows:

Thrust to weight, F/WIN = 11.81 (rain.)

Thrust duration, t b = 1.78 sec (min.)

ER 14471-7 215
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P

WIN
min

Available solid rocket motors for this application will typically have a mass fraction,

M. F., of 0.70 and a specific impulse, Isp, of 243 seconds at sea level. The cosine of

the angle between the thrust axis and entry vehicle longitudinal axis is approximately

0.94. The minimum abort propellant requirement, Wp (rain.), was determined as follows:

(F/WIN) tb
I cos
sp

ii.81x 1.78
= = 0. 092

243 x 0.94

For M.F. = 0.70, the abort propulsion system weight, Wps, is:

WpS 0.092
= -- = 0. 1314

WIN 0.70
min

The initial weight, WIN , of the abort vehicle then becomes:

WIN = WEV* + 0.1314 WIN

13 010

- 1 - 0. 1314 - 14 978 lb (6.7940 Mg)

For WIN = 14 978 pounds (6.7940 Mg), the following are computed:

Wp = 0.092 x 14 978 = 1378 lb (625 kg)
min

WpS = 0. 1314 x 14 978 = 1968 lb (892.7 kg)
min

Fmi n = 11.81 x 14 978 = 176 890 lb (80. 237 Mg)

A review of candidate solid rocket motors, from the CPIA catalog (ref. 13), con-

sidering also the dimensional limitations of the vehicle system, indicates the Genie

(MB-1) (TU-289) closely matches the requirements. The following Genie performance
is available;

FSL = 30 800 Ib (13.971 Mg)

tb = 1.79 sec

Wps (per = 478 Ib (216.8 kg)

motor)

M.F. = 0.66

Using six Genie motors for abort, the WIN becomes:

WIN = 13 010 + (6 x 478) = 15 878 lb (7. 202 Mg)
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F/WIN = 11.81, F = 187 519 lb (85.059 Mg)

For six motors, the thrust requirement per motor is:

187 519
Freq 6 31 253 lb (14.176 Mg)

The Genie can be modified to provide the additional thrust to meet the requirements
without significantly compromising the weight or general man-rated qualification of the
motor. Six Genie motors will be incorporated on the adapter for abort system applica-
tion as shown in figure 102.
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Velocity system.- A AV of 210 fps (64 m/sec) is re_ired to circularize the 35 300-
pound (16.012 Mg) payload from the orbit established by the Saturn IB at 80 to 200 nauti-
cal miles (148.17 to 370.4 km). This AV will be supplied by the velocity stage located

in a portion of the adapter cone. Earth storable propellant (N204/50-50) and available

engine hardware were utilized in the design and sizing. Two of the four engines pro-
vided for the supercircular velocity impulse will be used. The propellant required
for the 210-fps (64 m/sec) impulsive velocity addition is:

AV = I g In Initial weight
sp Initial weight - Wp

35 300
210 = 305gln

35 300 - Wp

Wp = 746 lb (338.4 kg)

Typical performance and physical characteristics of an engine suitable for application
to the velocity module are those for the Lunar Module Descent Engine (I2¢IDE).

F = 10 500 lb (4. 763 Mg)vacuum

Propellant = N204/50-50

O/F = 1.6

Pressure fed

Thrust vector

control = +6 ° (gimbal)

I vacuum = 305 sec
sp

Pc = _110 psia (758.4 kN/m 2)

Engine dry weight
(overall) = 350 lb (159.76 kg)

Restart
capability = 20 times

t b limit = 1030 see

Reliability = 0. 9991 at 90% confidence
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As a result of preliminary matching studies between vehicle and propulsion system
design and performance considerations, the following preliminary weights breakdown
was evolved:

WEV* = 13 010 lb (5. 901 Mg)

Weight of velocity module structure = 1800 lb {816.4 kg)

Weight of engines = 4 x 350 = 1400 lb (635 kg)

Weight of propellant tanks and pressure system = 2200 lb (1. 905 Mg}

r. = W E = 18 410 lb (8.351 Mg)

This indicates that the quantity of propellant available for maximizing entry velocity
will be:

Wp = 35 300 - 18 410 - 746 = 16 144 lb (7. 323 Mg)

Assuming that 2 percent of this propellant will be unavailable, the propellant weight for
impulsive velocity addition will be:

WPusefu 1 = 0.98 x 16 144 = 15 821 lb {7. 176 Mg)

The propellant tank volume required for the N204/50-50 propellant at O/F = 1.6 is

determined as follows:

N20 4 = 89.42 lb/ft 3 (793.8 kg/m 3)

50-50 = 56.04 lb/ft 3 (650.2 kg/m 3)

5% ullage volume

1.6 1.05

VN204 = 16 890x2- _ x 89.42 -

1 1.05
V50_50 = 16 890 x 2-_ x 56.04 -

122 ft 3 (3. 455 m 3)

122 ft 3 (3.455 m 3)

Total propellant tank volume = 244 ft 3 (6.91 m 3)

The tank pressurization system based on the use of helium as the pressurant will re-

quire the following weight of helium and pressurant storage tank volume:

Required propellant tank pressure = 250 psia (1. 7237 MN/m 2)

Initial helium storage pressure = 3000 psia (20. 684 MN/m 2)

Final helium storage pressure = 400 psia (2. 7579 MN/m 2)

l>ressurant will be heated to maintain storage tank temperature at room temperature.
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PIle = 2 lb/ft 3 (0.0566 m 3) at 3000 psia (20. 684 MN/m 2)

PIle = 0.275 lb/ft 3 (0.0078 m 3) at 400 psia (2. 7579 MN/m 2)

PIle = 0. 173 lb/ft 3 (0.0049 m 3) at 250 psia (1.7237 MN/m 2)

The weight of helium in the empty propellant tanks at burnout will be:

WHe = 244 x 0.173 = 42.2 lb (19.14 kg)

The helium storage tank volume and total helium weight required can now be determined
as follows:

2 VHe = 42.2 + (VHe x 0.275)

42.2
VHe =2- 0.275 = 24.5ft 3 (0.694m 3)

The total helium weight requirement will then be:

WIle = 2 x 24.5 = 49 lb (22.23 kg)

The impulsive velocity equation may be written in the form of a series expansion as:

W 2
WPuseful _ (B) 2 Puseful

W E (g F) 2

where

+A__ (I+A) (A) 1 (A)2 +
(gF) (gIsp) Wp + (gisp) +5 (gisp) ......

B = average centrifugal acceleration to be overcome during thrusting

F = thrust

A = impulsive velocity required to establish entry condition

The previous equation was used to develop the relation between A and W E to determine

the value of A applicable to the velocity module for this study. In consideration of the
orbit conditions, weight breakdown, and propulsion performance characteristics pre-
viously discussed, the following values of the parameters of the equation are:

B = 10.6 fps 2 (3. 2309 m/sec 2)

I = 305 sec
sp

F = 43 000 lbF (195.05 Mg)

Wt)= 15 821 lbM (7.176 Mg)
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The equation then becomes:

15.821 x 103

W E
= 0.1208 + 1. 1345 x 10 -4 A + 5. 1838 x 10 -9A 2

Figure 103 presents the results of solutions of the above form of the equation for a range
of A values in the region of interest. For a burnout weight of 18 410 pounds (8.351 Mg),
the value of A is found to be 5150 fps (1. 570 km/sec).

Figure 104 presents the results of trajectory studies showing the entry velocity at-
tainable as a function of the impulsive velocity factor A. The results of the study indi-
cate an entry velocity of 29 000 fps (8.839 km/sec) is attainable.

3. Heat Shield Modifications for Supercircular Entry Velocities

An analysis was made of the heat shield requirements for initial entry velocities, V i,

of 30 000 fps (9.15 km/sec) and 34 000 fps {1-.0.37 km/sec). The results are tabulated
along with comparable results for orbital entry velocities in table 46.

Generally, increasing the initial entry velocity requires a higher initial entry angle,

_i' to avoid a skipout from the atmosphere. This increase in _'i has a twofold effect on

the heating environment; the maximum convective heating rate increases by a factor of

2 to 5 over the range of Vi considered, whereas the total convective heating increases

significantly only at the 34 000-fps (10.37-km/sec) point. Surface recession, as ex-
pected because of its strong dependence on heating rate, also increases with V..

1

It is significant to note that the initial entry velocity can be increased to 34 000 fps
(10.37 km/sec) without increasing the total heat shield weight. However, if minimum
recession is a constraint, high-density ablative materials must be used for the stagna-
tion region and the swept leading edges, with the resulting increase in total heat shield
weight (up to 47% at 34 000 fps, 10.37 km/sec).

For an operational entry vehicle system, surface recession of the ablator is not con-
sidered to be a major problem so long as the control surfaces can perform satisfactorily.
However, for a research vehicle whose surface is instrumented with heating and pres-
sure sensors, large surface recession could become a major obstacle to obtaining accu-
rate measurements. Therefore, the higher density, lower surface recession materials
are recommended for the supercircular entry velocity flight tests vehicle.

B. RENDEZVOUS AND DOCKING EXPERIMENT MODIFICATION

The purpose of this modification is to provide the spacecraft with the capabilities to
explore the unique problems associated with rendezvous and docking operations with an
lifting body entry vehicle.
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1. Design Modification

The spacecraft consists of the D/3 entry vehicle, adapter section, docking module
and propulsion section (maneuver and rendezvous transtage--MART) (fig. 105). The
docking provisions extend off the rear end of the docking module and are submerged
inside a cavity provided in the MART.

The capabilities which are provided by the added sections are:

(1) q_.... ÷ _,_÷_ equipment

(2) Propulsion for orbital maneuver including rendezvous

(3) Docking phase controlled by a crew member

(4) Crew transfer

(5) Cargo transfer.

This spacecraft inherently has the capabilities to conduct extravehicular operations,
including rescue mission experiments, besides its stated objective. The module has
been designed to be an effective airlock by closing off the pressure-tight hatches at the
ends--one is at the entrance to the tunnel at the rear end of the entry vehicle and the
other at the docking port on the module. Extravehicular operations are accomplished
by exiting and entering through the docking port.

The basic D/3 entry vehicle is unchanged in arrangement for this mission, but some
modifications are required:

(1) Access is provided through the main rear bulkhead to the exit tunnel in the
body extension.

(2) A removable pressure-tight hatch cover is provided at the tunnel entrance,
and locking mechanisms are included for the cover. A view port is provided
in the hatch as well as a pressure relief valve for equalizing the pressure in
the entry vehicle and docking module.

(3) A pressure-tight tunnel for crew passage (see fig. 106) is incorporated in
the body extension, and its structure is modified to accommodate the tunnel.
The tunnel has a clear inside diameter of 26.5 inches (67.3 cm) and can be
used as an alternate exit after landing. The tunnel walls are wrapped with
insulation to protect the body extension structure during entry.

The adapter section is the same size and configuration as the standard D/3 adapter
but is designed differently to suit this mission.

(i) A pressure-tight tunnel, matching the exit tunnel in the D/3 vehicle runs
through the length of the adapter and connects to the docking module. The
tunnel separates at the same locations and by the same methods as the
adapter section.
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FIGURE 105. MANEWER AND RENDEZVOUS TRANSTAGE 

FIGURE 106. CREW PASSAGE TUNNEL LAYOUT 
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(2) The adapter section is separated into two parts as before; the forward part
includes the same four spherical solid rocket motors as the standard D/3
for abort and deorbit, but the arrangement of the solid rocket motors is altered
to clear the tunnel. This part of the adapter is 32.7 inches (88 cm) long,
slightly longer than the standard D/3 section due to the relocation of the solid
rocket motors.

(3) The aft part of the adapter is permanently fastened to and remains with the
docking module. This part contains the propellant for docking operations
(longitudinal and transverse translations) and attitude control. A pair of pill-
box arrays of five thrustors each are mounted externally for the docking
translations and attitude control in conjunction with a similar set on the dock-
ing module.

The docki_ module is a pressure-tight cylindrical section with pressure bulkheads
at each end. It is 10 feet (305 cm) in diameter, matching the Titan III launch vehicle,
and the cylindrical portion is 48 inches (121.9 cm} long.

(1) The internal area of the module is divided into bays by racks which support
the cargo and equipment stowed in the module.

(2) A central area measuring 50 inches (127 cm) high by 26.5 inches (67.3 cm)
wide is left open for crew mobility and passage.

(3) An open area in the upper rear portion of the module is reserved for the dock-
ing phase crew station. The crew member is in a standing position facing a
window provided in the rear bulkhead so that he has a direct view of the entire
docking operation, including the docking probe. A control and display panel
is provided at this station for this phase of the operation.

(4) A pair of pillbox arrays of three thrustors each are located externally for
translation and attitude control in conjunction with thrustors on the adapter.
This arrangement of thrusters has been devised to preclude thrusters and
exhause products from interfering with docking vision or impingement on the
target vehicle and to encompass the center of gravity shifts induced by staging
and propellant expenditure.

(5) The docking provisions and tunnel arrangement are exactly the same as pro-
vided by the Apollo command module, including probe, attenuation mechanism,
latching and pressure-tight hatch arrangement. The docking provisions are
designed as a conical projection to provide for angular and lateral misalign-
ments without collision of any of the docking module during the docking phase.
The docking port has a clear inside diameter of 28 inches (71 cm), like Apollo.

(6) Additional space has been provided in the docking module for storage of sim-
ulated cargo packages. These packages are provided for cargo transfer ex-
periments.

The propulsion section (MART) furnishes the impulses for ascent maneuvering and
rendezvous phases. It is a cylindrical section 10 feet (305 cm) in diameter and 84
inches (213.4 cm) long.
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(1)

(2)

(3)

(4)

The propulsion section is made as one piece but separates into two parts
similar to the adapter. The aft part is a skirt section 43 inches (109.2 cm)
long, permanently attached to and remaining with the launch vehicle. The

forward part contains the propulsion system components. It constitutes the
MART. This part separates at the aft end of the docking module; it is jet-
tisoned after it has been expended.

Storable propellants are contained in a cluster of spherical tanks, and spheres
containing pressurant gas are provided for positive expulsion.

An array of four liquid rocket engines are provided. These engines are gim-
baled for steering (vector) control during the ascent maneuvering and rendez-
vous phases.

As mentioned previously, the propulsion system is arranged to provide a
cavity for the docking provisions which protrude from the docking module.

2. Propulsion Systems for Rendezvous and Docking Experiment

!

I
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B

B
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The vehicle used to accomplish the rendezvous research mission requires a number

of propulsion subsystems to adequately accomplish its mission. In addition to the pro-
pulsion systems that are part of the basic D/3 entry vehicle, propulsion thrust must be

supplied to perform the following functions:

AV required

fps m/sec

Circularize orbit at 138 n. mi. (256 km)
from the injected orbit of 80 n. mi. (148 km)
perigee and 138 n. mi. apogee ................... 144 43.8

Plane change of 0.1 ° . ........................ 45 13.7

Orbit change to 80 n. mi. perigee ................ 108 32.9

Complete orbit change to 80 n. mi. circular ......... 108 32.9

Initiate rendezvous .......................... 36 10.95

Midcourse guidance correction ................. 50 15.2

Final rendezvous ............................ 36 10.95

Docking ................................. 20 6.1

Station departure ........................... 20 6.1

Margin for other station altitudes: 150 fps

(45.7 m/sec) plus 10% contingency ............... 221 67.4

Total ............. 788 240.0

The rendezvous research mission will be accomplished by a vehicle consisting
of a modified D/3 entry vehicle, rendezvous module, docking module, and an orbiting
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docking station. The configuration of the vehicle to accomplish the rendezvous research
mission is shown in figure 105. The vehicle (not including docking station) weighs 27 400
pounds (12.428 Mg). The object of the mission is to demonstrate and develop rendezvous,
docking and crew and cargo transfer techniques. The design approach in selecting and in-
stalling propulsion subsystems in the rendezvous and docking modules to be attached to
the entry vehicle involves minimum modification of the basic vehicle. It is anticipated
that the entry vehicle abort/deorbit propulsion system will be similar to that of the stand-
ard D/3 vehicle; however, the motor installation must be changed to accommodate the
entry vehicle tunnel egress system. The entry vehicle reaction control system will also
be the same as that of the standard D/3.

The rendezvous-orbit change module will provide an impulsive _V capability of 688 fps
(210 m/sec) at an acceleration of approximately (but no less than) 0.4 g. The cargo dock-
ing module will provide 100 fps (30.5 m/sec) impulsive AV at approximately 0.01 g for
the docking maneuvers.

Rendezvous-orbit change module.- The rendezvous module contains the propulsion
system for orbit c ircularization, plane change, orbit change, and initial rendezvous
maneuvers. Assuming a delivered specific impulse of 306 seconds, the total propellant
required for the rendezvous module is estimated by the following equation:

AV= IspXgXin Wp

WIN

where

AV = impulsive velocity addition, fps

I
sp

g

= propellant specific impulse, sec

= gravitational constant, ft/sec 2

WIN

Wp

= initial vehicle weight, IbM

= weight of propellant used, IbM

= 1870 IbM (850 kg).

Assuming a propellant expulsion efficiency of 98 percent, the total propellant required
becomes

Wp = 1910 IbM (866 kg).

Four engines--Bell Aerosystems Company, Model 8258, 3500 pounds (1585 kg)

thrust--operating at a propellant mixture ratio of 1.6 and utilizing N204/50-50 propel-

lants may be utilized to supply the required thrusting time. The engines incorporate a
gimbaling capability so that accurate vehicle positioning can be accomplished during the
rendezvous maneuver.
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Theratio of specific weightsof N204/50-50 propellants is 1.6. Sincethe engine
operatesat amixture ratio of 1.6, the propellant tank volume requirements are the
samefor eachpropellant. Theequalvolumetanks are the positive expulsiontype. An
operatingpressureof 250psi (1.72 MN/m2) is maintainedin the tank throughoutthe ex-
pulsioncycle.

Thesize of eachpropellant tank is 13.76 cubic feet (0.389m3) (includinga 5%ullage
allowance). Thepressurantgas for propellant expulsion is helium. The helium require-
mentsare 4.77pounds(2.16kg} in a storagecontainer of 2.77-foot (84.4cm) diameter
with an initial helium storagepressure of 3000psi (21.0 MN/m2) anda final storage
pressure of 400psi (2.75MN/m2} at 70° F (21° C).

The rendezvousvelocity moduleis jettisonedwhenthe vehicle is in close proximity
to the dockingstation. Theremaining portion of the vehicle (entry vehicle andcargo-
dockingmoduleweighing23000pounds(10450kg))continueswith the dockingmaneuver.

Entry vehicle and cargo-docking module.- The entry vehicle and cargo-docking
module is provided with a low-acceleration propulsion system to provide impulse for
docking and station departure. The docking propulsion system is capable of providing
a AV of 100 fps (30.48 m/sec)for translation, plus sufficient impulse for attitude control.

It is assumed that the terminal requirements for alignment and velocity during dock-
ing are similar to those reported in reference 14 for lifting entry type spacecraft. These
requirements were determined by evaluation of pilot capability in performing the docking
operation.

Parameter Requirement

Translation velocity

X axis ................. 0.2 to 1.5 fps (0. 061 to 0.45 m/sec)

Y and Z axes ............. 0 to 0.75 fps (0 to 0.0229 m/sec)

Misalignment ................ +12 in. (0.303 m) linear
+10 ° pitch, roll, yaw

Angular rate ............... 0 to 1.5 °/sec pitch, roll, yaw

Two independent sets of reaction control systems are utilized. One is located in the

cargo-docking module. This unit will supply velocity increments for the rendezvous
and docking maneuvers. The second system is the Reaction Control System contained
within the entry vehicle. This system would be inactive until separation of the entry
vehicle from the docking module.

A preliminary evaluation of propellants for the reaction control system indicates

that the storable propellant combination of N204/50-50 is the best combination based

on the following:

I

l

I

i

I

l

I

I

l

I

I

I

l

I

I

I

OOoBo. : :,. :o

::: :.- :.. ",- : .. : :..." :.. :."
228 ER 14471":7



l

I

l

I

l

l

I

l

l

I

l

l

l

l

l

l

it: "" ""
• • • • •

OOQ • • • •

OOI 00 000 O0

(1) Both propellants are chemically stable and storable over a wide range of
temperatures.

(2) They are hypergolic and have a short ignition delay.

(3) They have a relatively high performance over a wide range of temperatures.

(4) There is a large amount of experience in handling these propellants because
of their wide use on other space programs.

A pressure-fed positive expulsion system will be used to supply propellants to the
reaction control engines.

Thrust requirements for the reaction control and docking propulsion system were
determined on the basis of the following moment arms and vehicle moments of inertia:

Moment of inertia, I
YY

Moment arm, slug-ft2

ft (m) (Mg-m 2)

Pitch ii.4 (3.48) 85 000 (115.2)

Yaw 11.4 (3.48) 85 000 (115.2)

Roll 5.0 (1.52) 9 000 (12.2)

The location of the translation thrustors relative to the center of gravity results in
extraneous torques occurring during translation maneuvers. These torques must be
canceledby simultaneous application of equal opposing torquing action. Consequently,
when a pure translation maneuver is desired, there is a requirement Ior continuous
cycling of the attitude control thrustors. This torque restoring requirement and the
limit cycle operations were the considerations for sizing the reaction control system
thrustors and determining the propellant requirements.

The thrust levels of the reaction control system motors are based on the require-
ments to nullify the corresponding torques associated with firing of the translation
motors, which were sized for a vehicle acceleration of 0.01 g. The thrust and pro-
pellant requirements were calculated using the procedure outlined in Part IV, section VI.
For purposes of this study, the center of gravity is assumed to be fixed in the cargo-
docking module centerline, at station 280. It was determined that 18 thrustors would
be required to perform the maneuvers required for docking. The thrustor locations are
shown in figure 107. Thrust levels of the reaction control and docking engines are shown
in table 47.

Redundancy in the reaction control system is provided by incorporating dual solenoid
valves for each injector. The engines considered for use are assumed to operate at

chamber pressures of approximately 100 psi (0.69 MN/m2). A specific impulse of 280

seconds is assumed for the translation engine and 250 seconds for the reaction control
engines in the pulse mode operation.
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TABLE 47

REACTION CONTROL AND DOCKING ENGINES

Thrust required Total Thrust Number Engine
per engine, required, of engines location

Function lb (kg} lb (kg) required (ref. fig. 109)

Pitch 923 (133) 586 (266) 2 10, 15

Yaw 146.5 (66.5) 586 (255) 4 9, 11, 14, 16

Roll 3.53 (1.6) 7.06 (3.2) 2 2, 3, 4, 6

Vertical translation 410 (186) 820 (372) 2 1, 5

Lateral translation 410 (186} 640 (745) 4 7, 8

Longitudinal translation 115 (52.2) 460 (209) 4 12, 13, 17, 18

Assuming a specific impulse, Isp, of 280 seconds for the translation engines, the

total propellant required to fulfill the 100 fps (30.48 m/sec), 0.1 g requirement is
300 pounds (136 kg). Considering three-sigma tolerances on engine installation, thrust
vector misalignment, and limit cycle operation, it was determined that 78.2 pounds
(35.2 kg) of propellant are required for attitude control. This includes a 10 percent
contingency. The total propellant required for translation and reaction control becomes:

= Wp + WPRCS = 378.2 lb (171 kg)WPtotal translation

Allowing a 98 percent propellant expulsion efficiency resulting from positive expulsion-

type propellant tanks, the total requirement, WDotal"t is 388 pounds (176 kg).

Assuming the thrustor engines operate at a mixture ratio of 1.6, the propellant tanks

are of equal volume 2.80 ft 3, (0.0792 m3). A helium tank volume of 0. 783 cubic feet

(0. 0221 m 3) pressurized to 1500 psi (10.5 MN/m 2) is required to maintain a helium

pressure of 150 psi (10.5 MN/m 2) in the propellant tanks throughout the operating cycle.

3. Environmental Control and Life Support System

The modified configuration for the rendezvous and docking experiment mission con-

sists of the basic D/3 HL-10 vehicle, plus a mission module which contains the equip-
ment and controls required for rendezvous.

The environmental control and life support (EC/LS) concept for this mission was to
leave the basic vehicle system unchanged and to locate any additional system compo-
nents and expendables, required for the mission, to the mission module. The design
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criteria for the mission module is presented in table 48, and a schematic of the EC/LS
system is presented in figure 108. The mission module EC/LS system functions as
follows. During ascent, the oxygen in the module is vented through the vent valve down

to 5 psia (34.4 kN/m 2) where it is maintained throughout the mission by the module dual"

pressure regulator. The temperature of the module atmosphere is controlled by the mis-
sion module heat exchanger and fan, and the temperature of the electronics is controlled
by the vehicle thermal control loop. The oxygen and water in the mission module are tied
into the respective vehicle systems and are scheduled to be used before the oxygen and
water located in the vehicle.

When the mission module is to be occupied by a crew member, the tunnel hatch is
opened and the crew member proceeds through the tunnel. Cooling and oxygen are sup-
plied through an umbilical connected to the vehicle suit loop. Once in the mission
module, the umbilical is disconnected, and the crew member plugs his suit into the
mission module suit loop system, which is part of the vehicle suit loop system.

TABLE 48

MISSION MODULE EC/LS DESIGN CRITERIA

Prelaunch ................ Provide electronic cooling by the HL-10
EC/LS system.

Launch Design for a maximum launch phase of
10 minutes. Cooling by thermal lag
assumed below 100 000 ft (30.5 kin)

Space ...................

Vehic le ..................

Design for 24 hours. One crew member
will occupy the mission module.

Atmosphere--5 psia (34.4 kN/m 2) 100%
oxygen normal; pressure suit face plate

open; 3.5 psia (24.1 kN/m 2) 100% oxygen
for emergency. Purge to 100% oxygen
atmosphere prior to launch.

Repressurization--one cycle. Volume

of mission module is 300 cubic feet (8.49 m 3)

Temperature--suit 50 ° F at inlet, 85 ° F
at outlet. Cabin 60 ° to 80 ° F wall above
65 ° F dew point during orbit.

Heat load .................

Leakage--mission module at 5 psia,
6.0 lb (2.7 kg)/day.

CO 2 level--8 mm Hg maximum.

Humidity--30% to 70%.

80 watts
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C. LANDING ENGINE EXPERIMENT

The purpose of this experiment is to investigate the unique problems associated with
the installation of a turbojet landing and go-around engine in an lifting body entry vehicle.

The addition of an engine to a future operational entry vehicle would improve its versa-
tility and all-weather capability. The experiment would allow an evaluation of the oper-

ational benefits and provides an indication of its value for future systems.

Additionally, the experiments will supply data to realistically define design criteria
and system requirements. The included propulsion system is subjected to abnormal

(as distinguished from normal engine design and installation) conditions which are, of
course, imposed by an orbital and entry flight profile. Some of these conditions are:

spatial environment survivability; delayed restart capability; sealing and leakage of the
engine compartment; air induction and ram air efficiency; toxic and hazard effects; and

launch and entry accelerations.

l
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I. Design Modifications

In terms of entry vehicle modification, this experiment is the most involved of the
secondary objectives, and also introduces additional problems and conditions affecting

the vehicle design. Some of the additional problems in the vehicle design are"

(1) Installation and mounting of the turbojet engine.

(2) Loads from accelerations on engine mass during launch and entry.

(3) Incorporation of extendable air induction system.

(4) Engine cooling during operation.

(5) Exhaust system and exit port in vehicle.

(6) Fuel supply and delivery, including venting.

(7) Structural loads produced by engine weight and thrust.

(8) Inertia and torque effects from engine mass and operation.

(9) Vehicle balance.

(i0) Fire hazard, fire walls and extinguishing.

The design evolved for the incorporation of the added propulsion system is signifi-
cant in that the major modifications are confined entirely within the central area of the

afterbody section (fig. 109). The resulting design fits the pattern of "prefab" design

philosophy of the standard D/3 research vehicle.

Using the proposed fabrication technique, it is readily feasible to furnish a custom-
tailored afterbody for this experiment which can be substituted in the later phases of
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the program plan. With this arrangement, the program will not have to suffer long
delays while the basic vehicle is being modified.

The arrangement of the D/3 vehicle remains unchanged. The only modification to
the for•body is the addition of the (JP4) fuel tank and its protective shell. The tank is
located here so that it is over the center of gravity, and fuel expenditure will not alter
the balance or induce requirements for additional trim.

Displays and controls are added to the crew instrument panels for engine monitoring
and control.

The supply tankage for the reaction control system propellant is off-loaded since the
landing assist thrusters are eliminated.

The afterbody central area is modified for the addition of the turbojet engine and the
engine air induction system. The outer bays of the afterbody are also modified. The
vehicle recovery chute system and its canisters are deleted. The main landing gear
occupies the lower halves of the outboard bays, as it does in the D/3 vehicle.

The central area of the afterbody is divided into four sections by added firewalls.
A transverse firewall is located 25 inches (63.5 cm) aft of the main gear bulkhead

(station 181.5) between the main gear well beams; the area between the main gear bulk-
head and transverse firewall is utilized as a plenum chamber for the engine air induc-

tion system.

A pair of parallel firewalls is added between the transverse firewall and the main
rear bulkhead (station 257). These firewalls are 37 inches (94 cm) apart, straddling
the turbojet engine and enclosing an isolated engine compartment; the firewalls are also
structural beams which pick up the engine mounts and support the engine.

The hydraulic units are located in the bays between the longitudinal (parallel) fire-
walls and the main gear beams. The arrangement is similar to that of the basic D/3
vehicle; however, these units are located slightly farther aft due to the addition of the
plenum chamber in the forward portion of the afterbody.

The air inlet scoop is a bell-mouthed duct which is stowed inside the plenum cham-
ber. Just prior to engine start, a knock-out panel in the lower surface is first jetti-
soned (this panel is located in the same place as the access panel on the basic D/3 ve-
hicle). The inlet scoop is then rotated into place by a simple folding link and single-
acting actuator and locked in proper position.

Flanges around the outside of the scoop seal the edges of the cutout when the scoop
is locked in position. A debris screen is located within the plenum chamber and in line
with the engine inlet duct.

Cooling air apertures are provided in the transverse firewall and engine inlet duct
boundary bleeds to provide cooling air for the engine compartment during engine oper-
ation.

The body extension section is modified to provide clearance for the turbojet engine,
the engine shrouding, and its exhaust system. A clearance cutout is also provided in
the main rear bulkhead (station 257) for the engine.
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A tailpipe and shrouding have been added to the engine so that the exhaust outlet is
just aft of the base of the D/3 vehicle (station 300}. The configuration of the tailpipe
and shrouding provides an aspiration effect, pulling cooling air past the engine and tail-
pipe.

A jettisonable cover is added to the aft face of the base of the vehicle to cover the

exhaust port and seal off the rear end of the pressurized engine compartment. This
cover is blown off just prior to engine start.

A pair of anter_uas and s!ideout braking chute canister are relocated in the back face
to clear the engine tailpipe and shrouding. The landing assist reaction thrustors, which
are utilized on the standard D/3 vehicle, are deleted on the experiments which include
the turbojet engine.

2. Landing Assist Engine Studies

A study was made to select an appropriate turbojet engine for use as a landing assist
engine on the D/3 configuration. The purposes of the engine are to:
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{1} Provide propulsion for a 25-nautical mile (46.3 km} subsonic cruise { M = 0.6}
at an altitude of 8000 feet {2.44 km}.

(2} Provide a capability for subsonic (M = 0.4} go-around {360 ° turn} at sea level.

Another requirement of the selection process is to provide an engine that can produce
a vehicle rate of climb of 1000 feet per minute {5.08 m/sec} at sea level. In addition to
the performance requirements, the engine must be small enough to fit within the limited
installation volume available in the vehicle. The limited installation volume available
eliminates fan jets and afterburning type engines from consideration because of their
physical characteristics.

A study was conducted to determine landing assist engine requirements. Figures
110 and 111 show the sea level static thrust required for the specified climb rate and

subsonic cruise at various vehicle gross weights. A vehicle of 13 000 pounds {5.897 Mg},
including engine installation and fuel, as shown in figure 110, requires an engine rated at
3000 pounds (14.24 kN) thrust (sea level static) to accomplish a vehicle rate of climb of
1000 feet per minute (5.08 m/sec} at M = 0.4, sea level. Figure 111 indicates that the
25 nautical mile {46.3 km} cruise at 8000 feet {2.44 kln} at M = 0.6 requires an engine
rated at 3500 pounds (15.57 kN} (sea level static}. Therefore, to successfully accom-
plish both missions, an engine rated at 3500 pounds (15.57 kN} (minimum} sea level
static is required for use in the vehicle.

A survey of the industry to identify available engines in the 3500 pound (15.57 kN)
thrust class yielded the engines listed in table 49. Although a number of engines ap-
peared capable of fulfilling the thrust and size requirements of the D/3 vehicle, further
investigation revealed that these engines were in the preliminary development test phase
or "paper" stage and would not necessarily be available for application.

Based on the sea level static thrust requirement of 3500 pounds (15.57 kN}, two en-
gines were candidates (fig. 112} for the assumed 13 000-pound {5.897 Mg} vehicle.
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Manufacturer Model

Allison

Continental

Continental

General

Electric

Genera/

Electric

Genera/

Electric

Pratt &

Whllmey

Pratt &

Whit_ey

TABLE 49

ENGINE SUMMARY

Diy

weight,

lb

Le_

ov_ll, max./min, sqft

(cm) (era)

Engine 11)

Type (m_ (kN)

616-B1 Turbojet 112 24.5 31.21/14.7 1.179 3000

lift engine (50.8) (62.2) (79.3/37.3) (0.103) (13. 345)

2700

(12. 010)

2400

(10.676)

LJ55A Turbojet 200 38.03 23.0/17.95 1. 757 4144

(363) lift engine (90.7) (96. 6) (58.4/45.6) (0.163) (18.433)

4000

(17.793)

LJ55D Lift 216 38.03 23.0/17.95 1.757 3520

turbojet (98.0) (96.6) (58.4/45.6) (0.163) (15. 656)

3853

(17.139)

J85/J4 Turbojet 390 40.6 17.7/16.0 1. 396 2950

(176.9) (103.1) (45.0/40.6) (0.130) (13.122)

2950

(13.122)

2780

(12. 366)

GE1/JIB Turbojet 655 78.34 24. 2/20.1 2.2 5250

(297.1) (199) (61.5/51.1) (0. 204) (23. 353)

4885

(21.729)

4491

(19. 977)

GEl/J4 i Turbojet 645

(292_ 6) -- 24, 2/20.1 2.2 5726
(61.5/51.1) (0. 204) (25.466)

5370

(23.887)

4970

(22.108)

J60-P-6 Turbojet 495 70.45 21.9/21.9 2. 615 --

(224. 3) (178. 9) (55.6/55. 6) (0.243)

3000

(13.345)

2570

(11.432)

JT12A-9 Turbojet 470 76.0 23.4/17.82 1.728 3600

(213.2) (193.0) (59.4/45.3) (0.161) i(16.014)

3000

(13. 345)

2050

(11. 788)

Thrust SFC

Basic Basic output SLS

_ue_e r frontal takeoff takeoff
mfiita_ T military

in. area, normal, normal,

lbM/hr/1bF

O_/hr/_

1.30

(0.133)

1.27

(0.130)

1.24

(0.129)

1.068

(0.109)

1. 068

(0.109)

1.145

(0.117)

1. 045

(0.106)

1. 005

(0.102)

1. 005

(0.102)

0. 980

(0.100)

0. 886

(0.09O)

0. 857

(0.08"0

O. 836

(0.085)

0.95

(0.097)

0.92

(0. 094)

O. 89

(0. 091)

0. 960

(0. 098)

0. 905

(0.092)

0.965

(0. 098)

O. 913

(0. 093)

0. 890

(0. 091)

Total airflo_

takeoff

military

/zol'mal,

lb/sec
(kg/sec)

39.30

(17.83)

38.30

(17.37)

37.20

(16.87)

56.5

(25.63)

56.5

(25.63)

56.5

(25.63)

56.5

(25. 63)

44.0

(19.99)

44.0

(19.95)

43.0

(19.50)

66.9

(30.35)

65.0

(29.48)

62.4

(28.30)

66.9

(30.33)

65.0

(29.46)

62.4

(28.30)

50.5

(22.91)

48.2

(21.86)

53.73

(24.37)

51.10

(23.18)

48.59

(22.04)

Remarks

Paper

Paper

Paper

Available

Secret

Available

Uprated GE1/JIB

Available

Paper

(upgraded J-60)
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However, the GE-1/JIB was the only engine in the hardware stage that could be availabl_
in time and, therefore, was selected as the landing assist engine. The GE-1/J1B has a
sea level static thrust rating of 4885 pounds (21.73 kN) at military power and weighs 655
pounds (297 kg). A total of 442 pounds (200 kg) of fuel is required to complete both the
25 nautical mile cruise and the 360 ° go-around mission (fig. 113).

The inlet and induction system design for the landing assist engine is based on plac-
ing an extendable inlet on the underside of the vehicle, along the vehicle centerline, and
directing the inducted air into a plenum chamber and then to the engine. The inlet has

a bell mouth entrance with a capture area of 403 square inches (0.26 m 2) and a minimum

area, approximately 2 inches (5.08 cm) from the lip, of 348 square inches (0. 224 m2).

The total length of the induction system from the inlet lip to the plenum is 23 inches
(58.4 cm) (fig. 114). The inlet configuration is in the form of a semicircle with the
major axis part of the underside of the fuselage when in an unextended position (fig. 109).
When the inlet is in an extended position the boundary layer effects are minimized be-
cause the circular portion exposes a minimum section of the inlet to boundary layer
action. The inlet-induction system recovery factor has been estimated to be 94%. The
recovery estimate is based on previous studies of similar type systems applied to lifting
body vehicles.

The operation of a turbojet engine, after being exposed to a space environment, has
not been part of the qualification requirements of any turbojet engine considered for ap-
plication in the study. No engine companies are known to be engaged in specifically de-
signing a turbojet engine which can be carried into a space environment and operated
after entry into the atmosphere. It is deemed necessary, therefore, to encapsulate the
landing assist engine and control its environment during the engine's exposure to space.
The engine will be encapsulated and pressurized as indicated schematically in figure 115.

Figure 115 also shows a schematic of the propellant feed and pressurization system.
A total of 486 pounds (220.4 kg) of JP-type fuel (including reserve) is required to fulfill

the mission. The fuel is stored i_ an 11.0-cubic foot (0.3 m 3) tank and maintained at cabin

temperature. A 15.0-psia (10. 342 kN/m 2) pressure will be supplied in the propellant
tank and maintained throughout the mission. Figure 116 shows the nitrogen tank size

and pressure requirements to maintain the 15.0-psia (10. 342 kN/m 2) fuel tank pressure.
Vehicle installation volume limitations dictate the use of a compact, lightweight system.

Consequently, a 100 cubic inch (1638 cc) aluminum nitrogen tank was selected. A re-
dundant system which includes two regulators and two normally open solenoid valves is
used to regulate pressure.

D. SUMMARY OF WEIGHT MODIFICATIONS FOR SECONDARY OBJECTIVES

The weight changes involved in modifying the basic D/3 near-earth orbit entry re-
search vehicle to meet various research objectives are shown in table 50. The rendez-
vous and supercircular velocity modifications are to meet mission requirements defined
as secondary objectives for this study. The go-around engine modification was conceive
as a possible way to perform the experiment PP-3, landing assist engine, provided it is
desired to demonstrate use of a go-around propulsion system. The vehicle design lay-
outs for each of these three missions have been shown in the previous subsections.

The basic approach for the secondary objective has been to modify the basic D/3
vehicle as little as necessary. The weight calculations are based on the difference
between the basic D/3 vehicle and the design required for the secondary objectives.

"_$ : :" :°.

• :;"I: :." :.. "°'_" • : :.° _ :.. :.°
240 1 1 • •°

II

II

II

OH
B

II

II

II

II

D

II

B

II

II

II

II

II

II



I

,- i f
SEA LEVEL STATIC

_a 10 _-

I _ 2

1

0

G15-BI J85/J4 J-60-P-6

I LJ55A GE I/JIB JTI2A-9

ENGINE

FIGURE 112. ENGINE THRUST SUMMARY

t

g

I

!

i

J

J

I

U

5 X 10 2

DRY GROSS WEIGHT, kg

FIGURE 113. TOTAL FUEL WEIGHT

3 X lO 2

I

!

I! u_
II

]i
il

4 X 103

25 N. MI. SUBSONIC CRUISE

8000 FT ALTITUDE

360 ° GO-AROUND AT SEA LEVEL

_.R14_:71-¢
ooo

ooo

2-11



i:i

6 X 10 2

3

O 10 20 30

DUCT LENGTH, IN.

I I I, I

.1 .25 .5 .75

DUCT LENGTH, METERS

H E

1 ENTRANCE LIP

2 DUCT THROAT

3 PLENUM ENTRANCE

FIGURE 114. INDUCTION SYSTEM CROSS-SECTIONAL AREA DISTRIBUTION

I

I

OI

I

I

I

FIGURE 115.

Q PRESSURE TRANSDUCER

PRESSURE REGULATOR

N/O SOLENOID VALVE

J

_ REMOVABLE CAPS

ENG,NE \ 1/-

ENGINE, PROPELLANT FEED, AND PRESSURIZATION SYSTEM

242

::: i! _- :
qbOO ql, •

"" """'" "144"71""..... "'"ER -7



ooo
olo

ooo
ooo

I0

I 3.5 X 102-

.015

I
I

I

I

2.5

&

2

1

%

_.1

.olo o

.005

.5

I
I

I

2 3 4 5 6

N 2 TANK PRESSURE, LB/SQ IN.

I I I E

2 3 4 X 10 °

N 2 TANK PRESSURE, NN/m 2

FIGURE 116. PRESSURANT TANK SIZE

7 X 10 2

1¢4"/1-_

ooo

10oo

ooo

ooo

243



0
LO

.<
E_

:>

L)

©

<

.<

".: ..: :

Oil@
llO

llqiO

"_ L,'_L(_ I I -I- Jr v

"0

0

_ C.q CXl,--_ I I I I I,,,,,,,4-I- _ I I ,-- I I
,--I _ I +

,#

I I I I i_

I I I I

o_-_

+ ¢.0 0 ao¢o _1
LO I <_ I _ '=_ I I

I I I I

0

oO ¢'0 0 0'_

0 ¢0 0 L_O0 0
¢Xl "_ O_ _.000 0 LQ

I Jr _ I 0"_ I O_'x] I ''i I _ I
I _ I ,--I I ,-.-4 I I O0 1

,_o _

0 0'_ L'-- ,--_ _ b-CO

,._ I--IL¢_II I + I I I I I *CX] I
I._ I._ I I I I I w I

_N _ _ _I _ II

v
_v

I IIII I I
v _

0
0

I I

I I
CXl

I

l

l

l

I

l

l

l

l

l

l

l

I

l

I

l

244



ooo

ooo

o0o

ooo

REFERENCES

!

BO

!

!

g

|

B

!

!

no
!

B

|

!

. Stern, I.; and Rowe, W. H. Jr. : Effect of Gap Size on Pressure and Heating
over the Flap of a Blunt Delta Wing in Hypersonic Flow. Journal of Space-
craft and Rockets, vol. 4, no. 1, Jan. 1967, p 109 ft.

2. Holloway, P. F. ; Sterrett, J. R. ; and Creekmore, H.S. : An Investigation of
Separated Flow at a Mach Number of 6. NASA TND-3074, 1965.

. Rieckmann, R. E. : Research Study to Provide Concepts of Panel Attachment
Mechanisms Suitable for Refurbishable Panel Applications. Martin Marietta
Corporation ER 14145, 1966.

4. Stubbs, S. M. : Landing Characteristics of a Dynamic Model of the HL-10 Manned
Lifting Entry Vehicle. NASA TND 3570, 1966.

5. Solt, G. A. Jr. : Performance of and Design Criteria for Deployable Aerodynamic
Decelerators. ASD TR-61-579, Dec. 1963.

. Lads.n, Charles L. : Effects of Various Canopies on the Aerodynamic Charac-
teristics of a Manned Lifting Entry Vehicle at Mach 0.6 to 6.8 (U). NASA
TMX 1321, 1966. (CONFIDENTIAL)

. Burgess, R.T. : Technical Proposal to the Martin Co., Baltimore Division, for
a Hydraulic Power Supply for the HL-10 Research Vehicle. Pesco Eng.
Report no. 5132, Jan. 1967.

. Hall, D.I. : Discussion of Redundant Servoactuator for Use on a Manned Reentry
Spacecraft. Moog, Inc., Report no. MR 1162, Jan. 1967.

. Study of Redundant Servoactuators for the MOL Launch Vehicle, Moo•, Inc.,
Report no. MR 1051, rev. A, Oct. 1965.

10. Grimster, D. ; and Hall, D.I. : Evaluation Program of Majority Voting Mechanical
Feedback Servoactuator for the Saturn S-IVB. Moog, Inc., Report no. MR 1080,
Vol B, Aug. 1966.

11. Lenett, S. D. : Apollo Digital Up-Data Link Description. NASA TMX 1146, 1965.

12. Study of the Influence of Size of a Manned Lifting Body Entry Vehicle on Research
Potential and Cost. Martin Marietta Corporation ER 14063P-1, Vol 1, Jan.
Jan. 1966.

13. Liquid Propellant Engine Manual. CPIA Publication no. 5, Dec. 1966.

14. A Lifting Reentry, Horizontal-Landing-Type Logistic Spacecraft {U), Boeing
Company D2-22921, Feb. 1964.

245



246

ooo
000

oOO •
• • OO

O0 OOO •

O00
OOB

• •
O00
000

I

I

I

OI

I

I

I

I

I

I

I

I

I

I

I

I

I

I


